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ABSTRACT 


This  report  presents  a  summary  of  the  technical  data  from  four 
wind  tunnel  tests  on  tilt  and  stowed  rotor  performance  and 
fully  dynamic  models.  Blade  loads,  dynamic  stability,  perfor¬ 
mance,  rotor/wing  interactions  and  stability  and  control  data 
are  presented.  The  impact  of  the  tests  on  stowed  rotor  air¬ 
craft  design  are  discussed  and  recommendations  for  further 
technical  and  design  work  are  provided. 
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1.0  INTRODUCTION 


Recent  design  studies  have  indicated  that  the  stoppable  rotor  air¬ 
craft  concept  offers  a  very  effective  solution  for  satisfying  V/STOL 
missions  requiring  a  combination  of  relatively  low  downwash  charac¬ 
teristics,  good  hover  efficiency,  and  relatively  high  cruise  speeds 
and  cruise  efficiency.  In  particular,  the  stowed-tilt-rotor  stoppabl< 
rotor  concept  offers  great  potential  for  three  missions:  1)  high¬ 
speed  long-range  rescue,  2)  capsule  recovery,  and  3)  VTOL  medium 
transport . 


The  Boeing  Company,  under  USAF  Flight  Dynamics  Laboratory  Contract 
F33615-69-C-1577 ,  has  conducted  a  two  phase  program  of  parametric 
design,  analysis,  and  wind-tunnel  testing  to  establish  design  criteria 
for  the  stowed-tilt-rotor  stoppable-rotor  concept. 


Parametric  Design  Studies 


Phase  I  covered  parametric  design  studies  to  provide  information 
on  the  size  and  configuration  of  aircraft  required  to  fulfill  three 
basic  mission  requirements  and  two  multimission  requirements.  The 
missions  and  the  design  aircraft  are: 


Mission 


Aircraft 


o  High-speed  long-range  rescue 

o  Capsule  recovery 

o  V/STOL  medium  transport 

o  High-speed  long-range  rescue 

and  capsule  recovery  (multimission) 


Design  Point  I 
Design  Point  II 
Design  Point  IV 
Design  Point  III 


o  High-speed  long-range  rescue.  Design  Point  V 

capsule  recovery,  and  V/STOL 
medium  transport  (multimission) 

The  intent  of  the  analysis  was  to  determine  the  degree  of  com¬ 
patibility  between  aircraft  designed  to  the  three  missions,  and 
the  compromise  necessary  to  combine  these  mission  capabilities  in 
substantially  common  airframes.  As  a  minimum,  this  commonality 
was  extended  to  the  lift/propulsion  system  comprising  the  wing, 
engines,  drive  system,  and  rotors.  The  relative  numbers  of  produc¬ 
tion  aircraft  which  might  be  required  for  each  mission  was  con¬ 
sidered  in  determining  the  degree  of  commonality.  The  technology 
level  used  in  these  studies  is  appropriate  to  a  1976  IOC  date  time 
frame . 
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The  results  from  the  above  studies  are  presented  in  Reference  1.1 
with  additional  details  in  Reference  1.3. 

Because  the  multimission  aircraft  designed  to  accomplish  all  three 
basic  roles  turned  out  to  weigh  more  than  100,000  pounds,  a  further 
study  was  made  of  a  compromise  aircraft  based  on  the  Design  Point  I 
rescue  aircraft.  This  design  point  lift/propulsion  system  was 
combined  with  a  transport  type  fuselage  based  on  a  CH-47  helicopter 
box  size  widened  to  96  inches  at  the  floor  line  to  accommodate 
463L  system  pallets.  This  aircraft  is  capable  of  carrying  the  full 
88  x  108  inch  pallet  and  air-dropping  the  88  x  54  inch  half-pallet. 
Pallet  loading  is  restricted  to  72  inches  in  height.  Although  this 
aircraft  does  not  have  the  unrestricted  463L  system  pallet  loading 
capability  of  the  Design  Point  IV  transport  aircraft  (i.e.,  maxi¬ 
mum  pallet  height  for  air  dropping  of  full  pallets) ,  it  can  never¬ 
theless  meet  most  of  the  transport  mission  requirements. 

It  was,  therefore,  decided  that  the  baseline  aircraft  would  be  the 
Design  Point  I  rescue  aircraft,  with  a  slightly  increased  span  to 
permit  the  alternate  installation  of  a  wider  transport  fuselage. 

The  baseline  is,  therefore,  in  reality  two  aircraft  with  common 
lift/propulsion  systems. 

This  baseline  aircraft  approach  is  illustrated  in  Figure  1.1.  A 
basic  lift  propulsion  system  is  used  with  two  different  fuselages: 
one  to  fulfill  the  complete  rescue  mission  (See  Figure  1.2  for 
artist's  concept)  and  the  other  to  provide  an  aircraft  which  meets 
most  of  the  mission  requirements  for  the  medium  transport  role. 

Component  Design  Studies 

Preliminary  design  studies  of  the  critical  or  unique  components  of 
the  selected  baseline  aircraft  were  carried  out  during  the  latter 
portion  of  the  Phase  I  Study  and  are  reported  in  Reference  1.2. 

These  included  the  rotor  blade,  hub,  and  blade  fold  mechanism,  drive 
system,  rotor  nacelle  and  tilting  mechanism  and  the  wing.  Unique 
design  features  of  these  critical  components  are: 

Rotor  Blade  -  hingeless,  soft  inplane  with  an  inplane  fre¬ 
quency  less  than  1/rev,  fiberglass  con¬ 
struction. 

Hub  -  flatwise  folding  along  nacelle  to  minimize  air¬ 

plane  drag  and  nacelle  complexity. 

Drive  System-  cross-shafting  to  minimize  impact  of  engine  out 
flight. 
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The  geometry,  ri  iss  distribution,  and  stiffness  characteristics  of 
the  aircraft  and  its  components,  as  well  as  identification  of  areas 
that  require  research  provided  the  planning  for  the  Phase  II  program 
of  wind  tunnel  testing  and  analysis. 

Wind  Tunnel  Testing  and  Analysis 

The  test  and  analysis  program  of  Phase  II  consisted  of  a  redundant 
array  of  models,  each  providing  somewhat  different  aeroelastic 
modeling.  The  objective  was  to  prepare  verified  methodology  for 
ensuring  that  the  stowed  rotor  aircraft  is  stable  and  controllable 
through  all  phases  of  operation,  i.e.,  takeoff,  hover,  transition 
to  forward  flight,  conversion,  and  the  reverse  sequence  through 
landing. 

The  program  consisted  of  tests  on  four  separate  models.  The  models 
are  designed  to  provide  data  demonstrating  the  validity  of  method¬ 
ology  and  solutions  to  the  dynamics,  blade  stress,  and  flying  qualiti€ 
problems  indicated  by  Phase  I  studies  and  initial  company  sponsored 
Wind  Tunnel  tests. 

Test  Program  I  used  the  1/16-scale  folding  tilt  rotor  semispan  con¬ 
version  model  (Figure  1.3)  with  dynamically  representative  blades 
and  was  used  to  measure  the  dynamics  of  the  start,  stop  and  wind¬ 
milling  performance.  This  test  was  performed  in  the  Princeton 
Forrestal  Laboratories  Wind  Tunnel  and  results  are  presented  in 
Reference  1.4. 

Test  Program  II  used  the  Boeing  1/10-scale  powered  performance  wind 
tunnel  model  (Figure  1.4)  to  demonstrate  the  aerodynamics  of  the 
aircraft  and  its  control  system  mixing  and  phasing  from  hover  through 
transition  and  in  tilt  rotor  cruise  flight.  Data  were  obtained  for 
static  stability;  longitudinal,  lateral,  and  directional  stability 
derivatives;  destabilizing  effects  of  prop/rotors,  and  the  force 
polars  of  the  aircraft  through  transition.  This  test  was  performed 
in  the  Boeing-Vertol  2  0  x  20  foot  V/STOL  wind  tunnel  and  results 
are  presented  in  Reference  1.5. 

Test  Program  III  used  the  Boeing  1/9-scale  semispan,  non-powered 
conversion  model  (Figure  1.5),  with  full  dynamic  similarity  to  Model  2 
to  measure  the  dynamics  and  aerodynamics  of  conversion  including 
spin-up,  spin-down,  stopping,  folding  and  deployment.  This  test 
was  performed  in  the  Boeing-Vertol  20  x  20  foot  v/STOL  wind  tunnel 
and  results  are  presented  in  Reference  1.6. 
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Test  Program  IV  used  the  Boeing  1/10-scale  dynamic  full-span 
powered  model  (Figure  1.6}  to  measure  steady  state  and  dynamic 
blade  and  wing  loads  throughout  the  flight  envelope.  This 
model  incorporated  shakers  for  exciting  the  aeroelastic  modes 
to  measure  model  damping  response.  This  test  was  performed  in 
the  Boeing-Vertol  20  x  20  foot  wind  tunnel  and  results  are 
presented  in  Reference  1.7. 

From  these  four  tests,  programs  covering  all  of  the  aspects  of 
the  non- fixed-wing  aircraft  flight  conditions,  an  accumulation 
of  loads,  aerodynamic  and  dynamic  information  was  made 
available  for  identification  of  key  problems  to  use  in 
developing  programs  for  solution. 

This  summary  report  consolidates  the  data  from  the  four  test 
programs  and  the  preliminary  design  work  in  order  to  define 
the  state-of-the-art  and  to  recommend  the  next  steps  for 
Stowed  Rotor  Aircraft  Development.  The  report  is  divided  into 
three  major  sections.  Structural  Design  Criteria,  Section  3 
which  includes  structural  and  dynamic  considerations  of  the 
design.  Aerodynamic  Prediction  Techniques,  Section  4,  which 
includes  performance  and  Section  5  which  includes  stability 
and  control.  The  impact  of  the  tests  on  the  design  and 
recommendations  for  further  work  are  also  presented. 
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IGURE  1.5  1/9  SCALE  STOWED  ROTOR  DYNAMIC  CONVERSION  MODEL 


2 . 0  SUMMARY  AND  RECOMMENDATIONS 


In  this  section  the  most  significant  results  from  the  four 
test  programs  are  summarized  to  provide  a  state-of-the-art 
review.  Recommendations  are  presented  for  additional  needed 
technical  work.  No  program  stoppers  for  the  stowed  tilt 
rotor  aircraft  have  been  found  during  these  investigations. 

Structures 


A  combination  of  current  helicopter  and  airplane  specifications 
is  generally  adequate  for  design  of  a  stowed  rotor  aircraft. 

A  soft  inplane  hingeless  rotor  is  recommended  to  reduce 
system  complexities,  improve  flying  qualities  and  minimize 
susceptibility  to  whirl  flutter. 

Critical  design  conditions  for  loads  in  the  rotor  system 
are  the  use  of  cyclic  pitch  for  control  in  hover  and  transi¬ 
tion.  Frediction  capability  in  these  flight  conditions  is 
only  fair.  Boeing  is  developing  improved  analytical  methods 
under  USAF  contract.  The  stowed  rotor  tests  will  be  a  prime 
data  base  for  correlation. 

Blade  loads  during  the  spinup,  feather,  fold  and  deploy  cycles 
are  not  critical. 

Rotor /Airframe  Dynamics 

The  limited  test  data  available  on  aeroelastic  stability 
boundaries  correlates  well  with  predictions  using  current 
methodology. 

An  aircraft  such  as  the  Model  213  can  be  designed  to  be  free 
from  aeroelastic  instabilities  throughout  its  flight  envelope 
without  paying  any  appreciable  penalties. 

To  minimize  blade  and  wing  loads  and  airframe  vibration  during 
feather  and  spinup,  simultaneous  coalescences  of  airframe 
and  rotor  natural  frequencies  with  integer  rotor  harmonics 
should  be  avoided. 

Aero  Prediction  Techniques 

Rotor/aircraft  performance  is  well  predicted  by  current 
methodology. 
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Provision  of  leading  edge  umbrella  flaps  and  high  angle 
trailing  edge  flaps  can  reduce  hover  download  by  60%. 


Rotor  spinup  and  feather  can  be  performed  in  10  seconds 
with  less  than  O.lg  acceleration  or  deceleration  of  the 
aircraft. 

Airplane  drag  for  high  speed  cruise  is  minimized  by  folding 
the  blades  flatwise  rather  than  edgewise. 

Stability  and  Control 

A  combination  of  current  airplane  and  helicopter  specifications 
is  generally  adequate  for  design  of  stowed  rotor  aircraft. 

The  recommended  hover  control  power  criteria  are: 

Pitch  0.6  rad/sec1 2 3 
Roll  1.0  rad/sec2 
Yaw  0.5  rad/sec2 

The  0.5  rad/sec2  yaw  recommendation  is  less  than  Reference  5.1. 

Skittishness  in  hover  in  ground  effect  was  investigated  and 
found  by  a  dynamic  model  test.  It  was  readily  stabilized  by 
attitude  stabilization. 

A  force  feel  system  which  is  variable  between  the  hover  and 
cruise  modes  is  recommended. 

Spinup,  feather,  fold  and  deploy  cycles  cause  no  stability 
or  control  problems. 

In  the  tilt  rotor  cruise  mode  the  soft  inplane  rotor  has 
substantially  less  destabilizing  effect  than  a  stiff  inplane 
rotor. 

RECOMMENDATIONS  FOR  ADDITIONAL  WORK 

The  total  flight  control  system  needs  further  study  particu¬ 
larly  in  the  following  areas: 

1.  Feedback  controls  for  gust  alleviation  and  blade 
load  reduction. 


2.  Flight  simulation. 

3.  System  mechanization. 


Descent  boundaries,  including  autorotation,  should  be  investi¬ 
gated  by  analysis  and  additional  model  testing. 

Development  of  a  convertible  fan  engine  and  integration  of 
the  power  plant  with  the  aircraft  system  should  be  initiated 
early  in  the  aircraft  development  cycle. 

Additional  model  testing  is  needed  to  provide  more  data  for 
correlation  of  aeroelastic  stability  boundaries. 

The  benefits  which  can  be  derived  from  the  application  of 
other  advanced  technologies  to  the  stowed  rotor  aircraft 
should  be  evaluated.  These  would  include: 

1.  Use  of  advanced  airfoils  to  improve  rotor  performance. 

2.  Use  of  advanced  composite  materials  in  the  airframe. 
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3.0  STRUCTURAL  DESIGN  CRITERIA 


The  folding  tilt  rotor  vehicle  is  a  composite,  fixed/rotary¬ 
wing  aircraft  which  is  capable  of  flight  in  either  the  fixed 
wing  or  helicopter  mode.  The  hingeless  prop/rotor  which  is 
used  as  a  helicopter  rotor  and  as  an  airplane  propeller,  and 
is  mounted  at  the  wing  tips,  presents  many  unique  structural 
problems.  Of  primary  importance  are  the  predictions  of  the 
rotor  loads  for  strength  considerations  and  the  rotor /air¬ 
frame  dynamics  for  aircraft  aeroelastic  response 
considerations , 

In  this  section,  the  structural  specifications  and  the  design 
criteria  are  presented;  and  the  analytical  methods  used  to 
ensure  compatibility  with  requirements  are  described.  Also, 
the  rotor/airframe  system  structural  loads  and  dynamic  stabil¬ 
ity  measured  on  the  four  wind  tunnel  models,  described  in 
Section  1,  are  summarized  and  correlated  with  analyses. 

3.1  STRUCTURAL  SPECIFICATIONS 

A  review  of  applicable  military  specifications  has  been 
performed  to  determine  how  these  specifications  apply  to  the 
folding  tilt  rotor  aircraft.  The  results  are  contained  in 
Reference  1.3.  Generally,  the  available  specifications  are 
found  to  be  adequate  and  only  relatively  minor  interpretations 
or  deviations  are  required.  The  folding  tilt  rotor  vehicle  is 
a  composite,  fixed/rotary-wing  aircraft  which  is  capable  of 
flight  in  either  the  fixed  wing  or  helicopter  mode. 
Consequently,  the  composite  vehicle  must  show  compliance, 
where  appropriate,  with  the  requirements  currently  specified 
for  both  fixed  wing  and  rotary  wing  aircraft.  The  extent  to 
which  the  various  requirements  of  these  two  types  of  aircraft 
are  applied  to  the  vehicle  will  be  largely  dependent  upon  the 
vehicle  mission  requirements  and  configuration.  The  folding 
tilt  rotor  aircraft  will  operate  in  five  modes  of  flight: 

a.  Hover  or  helicopter  mode  (speeds  less  than  35  knots) 

b.  Transition  mode 

c.  Tilt  rotor  airplane  mode 

d.  Conversion  mode  (the  rotor  stopping  and  folding 

process) 

e.  Airplane  with  stowed  rotors  mode 

The  design  requirements  for  this  type  of  vehicle  will  be  in 
general  accord  with  those  specifications  which  are  most 
appropriate  for  the  means  of  lift  used  in  the  various  flight 
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inodes.  With  rotor  lift,  the  helicopter  specifications  should 
apply.  For  the  transition  mode,  where  lift  is  shared  between 
the  rotor  system  and  the  wing,  the  aircraft  starts  as  a 
compound  (winged)  helicopter  and  approaches  the  end  of 
transition  as  an  airplane  with  upward  inclined  propellers. 

Blade  folding  is  essentially  the  same  function  as  wing  sweep 
changes  of  a  variable  sweep  airplane.  With  this  approach,  the 
existing  specifications  are  generally  applicable,  with  minor 
exceptions.  The  pertinent  structural  specification  for  the 
helicopter  mode  is  MIL-S-8698  (ASG) ,  Structural  Design 
Requirements,  Helicopters.  The  pertinent  structural  specifi¬ 
cations  for  the  fixed  wing  modes  are: 

a.  MIL-A-8860  (ASG),  Airplane  Strength  and  Rigidity, 

General  Specification  for 

b.  MIL-A-8861  (ASG)  ,  Airplane  Strength  and  Rigidity 

Flight  Loads 

c.  MIL-A-8862  (ASG),  Airplane  Strength  and  Rigidity 

Landplane  Landing  and  Ground 

Handling  Loads 

d.  MIL-A-8865  (ASG),  Airplane  Strength  and  Rigidity 

Miscellaneous  Loads 

e.  MIL-A-8866  (ASG),  Airplane  Strength  and  Rigidity 

Reliability  Requirements,  Repeated 

Loads,  and  Fatigue 

f.  MIL-A-8870  (ASG),  Airplane  Strength  and  Rigidity 

Vibration,  Flutter  and  Divergence 

3.2  DESIGN  CRITERIA 

General  preliminary  design  criteria  are  developed  from  proposed 
and  existing  military  specifications.  A  number  of  potentially 
critical  design  conditions  are  specified  for  the  purpose  of 
preliminary  component  design  and  evaluation.  These  criteria 
are  used  for  determination  of  component  concepts  and  their 
evaluation  with  respect  to  critical  loading  conditions, 
critical  design  areas  such  as  space  envelopes  and  mechanical 
complexity,  and  the  determination  of  problem  areas  peculiar  to 
the  stowed-tilt-rotor  vehicle  concept. 
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3.2.1  Flight  Mode  Definition 


The  aircraft  flight  inodes  are  defined  as  follows: 

(1)  Helicopter  Flight 

All  the  lift  is  provided  by  the  rotors,  and  the 
airspeed  is  less  than  35  knots  in  any  direction. 

(2)  Transition  Flight 

Lift  is  provided  by  both  the  wing  and  rotors.  The 
airspeed  is  between  35  knots  and  170  knots.  When 
the  nacelle  has  reached  the  horizontal  position,  the 
transition  flight  mode  is  considered  complete. 

(3)  Conversion  Flight 

All  the  lift  is  provided  by  the  wing.  The  blades 
are  either  being  folded,  unfolded,  or  rotated  at 
less  than  70  percent  hover  rpm. 

(4)  Airplane  Flight 

All  the  lift  is  provided  by  the  wing.  When  the 
blades  are  in  the  extended  position,  the  limiting 
speed  Vl  is  250  knots . 

(5)  Airplane  with  Stowed  Rotors 

The  blades  are  stowed  and  the  limiting  speed  is  VL. 

3.2.2  Factor  of  Safety 

The  yield  factor  of  safety  shall  be  1.0.  The  ultimate  factor 
of  safety  shall  be  1.5. 

3.2.3  Design  Speeds 

(1)  For  helicopter  flight,  the  maximum  forward,  sideward, 
and  rearward  speed  shall  be  35  knots. 

(2)  For  transition  flight,  the  speed  varies  from  35  to 
170  knots. 
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(3)  For  conversion  flight,  the  speed  range  is  from 
1.2  Vs  flaps  down  to  50  knots  above  this  speed,  or 
1.2  Vg  flaps  up,  whichever  is  greater. 

(4)  For  airplane  flight,  the  maximum  speed  is  250  knots 
with  the  blades  unfolded  and  VL  when  the  blades  are 
stowed.  Maximum  level  flight  speed  (VH)  is  340 
knots.  Maximum  design  limit  speed  (Vl)  is  390  knots. 
The  speed  for  application  of  maximum  gust  intensity 
shall  be  VG  =  -y'n  Vs,  where  n  is  the  maximum  gust 
load  factor  at  VH:  Vs  is  stalling  speed  for  level 
flight  at  sea  level  in  the  basic  configuration  with 
power  off. 

3.2.4  V-N  Diagram 

Composite  V-N  diagrams  for  the  flight  modes  at  the  basic  flight 
design  gross  weight  and  minimum  flying  weights  are  shown  in 
Figures  3.1  and  3.2.  The  airplane  flight  (solid  lines) 
diagrams  were  constructed  as  specified  in  MIL-A-8861  for 
maneuver  and  gust  load  factors.  Limit  load  factor  for  heli¬ 
copter  and  transition  flight  (dashed  lines)  is  shown  as  the 
sum  of  the  helicopter  load  factor  (2.5)  and  the  airplane  load 
factor  at  a  given  speed,  the  maximum  being  +3.0  and  -1.0. 

3.2.5  Limit  Load  Design  Conditions 

(1)  Limit  load  design  conditions  are  summarized  in 
Tables  3.1,  3.2,  3.3,  and  3.4.  The  conditions 
listed  have  been  selected  for  investigation  during 
preliminary  design.  Ground  conditions  to  be 
considered  are  contained  in  Table  3.5. 

(2)  The  maximum  design  gross  weight  is  the  gross  weight 
at  which  limit  load  factor  is  2.0. 


3.2.6  Limit  Load  Factors 


The  limit  maneuvering  load  factor  at  basic  design  gross  weight 
for  the  various  flight  modes  shall  be  as  follows: 

Mode  Limit  Load  Factor 


(1) 

Helicopter  flight 

+2.5, 

-1.0 

(2) 

Transition  flight 

+3.0, 

-1.0 

(3) 

Conversion  flight 
Airplane  flight 

+1.5, 

+0.5 

(4) 

+3.0, 

-1.0 
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LIMIT 


FACTOR 


(-)  GUST 


CL  MIN  *  -0.15 


(-)  MANEUVER 


VELOCITY  (KNOTS) 


FIGURE  3.2  V-N  DIAGRAM  FOR  SEA  LEVEL  MINIMUM  FLYING 
WEIGHT  OF  45,046  POUNDS 


TABLE  3.1.  LIMIT  DESIGN  CONDITIONS  FOR  HELICOPTER  FLIGHT 

Condition 

No. 

Description 

Gross 

Weight 

(lb) 

Limit 

Load 

Factor 

Acceleration 
(rad/sec2 ) 

1 

Rolling 

67,000 

2.0 

0 

1.0 

2 

Yawing 

67,000 

1.0 

0 

0.5 

3 

Pull-up  plus 
Pitch 

67,000 

2.5 

0 

0.6 

4 

Maximum 

Cyclic 

67,000 

1.0 

0 

Note  (1) 

5 

Vertical 

Takeoff 

Note  (2) 

67,000 

2.5 

0 

0 

6 

Pushdown 
(Collective 
Dump)  Note (2) 

67,000 

-1.0 

0 

0 

NOTES:  (1)  Maximum  cyclic  requirements  of  Condition  2 

plus  1/2  of  the  cyclic  requirement  of 
Condition  3. 


(2)  Cyclic  control  applied  to  balance  pitch 


TABLE  3.2 


LIMIT  DESIGN  CONDITIONS  FOR  TRANSITION  FLIGHT 


Condition 

Number 

Description 

1 

IQS! 

Limit 

Load 

Factor 

Accelerations 

(rad/sec2) 

1 

Symmetrical 

Pull-Out 

67,000 

3.0 

0.6 

2 

Rolling 

Pull-Out 

67,000 

2.4 

1.0 

3 

Yawing 

67,000 

1.0 

0.5 

NOTE:  (1) 

The  rotor  speed  for  the  above  conditions  shall 
be  the  limit  rotor  speed 

TABLE  3.3  LIMIT  DESIGN  CONDITIONS  FOR  CONVERSION  FLIGHT 


Condition 

Number 

Description 

Gross 

Weight 

(lbs) 

Limit 

Load 

Factor 

Special 

Conditions 

1 

Gust 

Response 

45,046 

Due  to 

66  fps 

vertical 

gust 

180  knots 

2 

Gust 

Response 

67,000 

Due  to 

66  fps 

vertical 

gust 

180  knots 

TABLE  3.4.  LIMIT  DESIGN  CONDITIONS  FOR  AIRPLANE  FLIGHT 


Condition 

Number 

Description 

Gross 

Weight 

(lb) 

Limit 

Load 

Factor 

Air 

Speed 

(knots) 

1 

Balanced 

67,000 

+3.0 

215 

Symmetrical 

Maneuver 

+3.0 

VL 

-1.0 

180 

-1.0 

VH 

0 

vL 

2 

Symmetrical 

67,000 

Control  displacement  as 

Maneuver 

per  MIL-A-8861, 

with  Pitch 

Para. 

3. 2. 2. 2 

3 

Rolling  Pull 

67,000 

Control  displacement 

Out 

as  per  MIL-A-8861, 

Para. 

3.3.1  and  3 . 3 . 1 . 1 

4 

Vertical 

67,000 

As  specified  in 

Gust 

MIL-A- 

-8861,  Para  3.5 

45,046 

TABLE  3 

.  5  .  GROUND  CONDITIONS 

Condition 

Number 

Description 

Remarks 

1 

Rotor 

Condition  as  specified  in 

Acceleration 

MIL-S-8698,  Para.  3.3.1 

2 

Landing 

Landing  conditions  as  specified 
in  Section  3.2.7  of  this  report. 

Landing  Sinking  Speed 


(1)  The  maximum  landing  sinking  speed  shall  be  15  fps 
for  the  basic  design  gross  weight  for  the  transport 
aircraft.  Limit  landing  load  factors  shall  be  +3.0g 
at  the  center  of  gravity  of  the  airplane  and  2.0g  at 
the  gear. 

(2)  The  maximum  landing  sinking  speed  shall  be  8  fps  for 
the  basic  design  gross  vre  ight  for  the  rescue  aircraft 
and  rotor  lift  equal  to  two-thirds  of  the  basic 
design  gross  weight. 


3.2.8  Rotor  Speed 


(1)  The  design  limit  rotor  speed  factor  shall  be  1.25 
for  both  helicopter  and  transition  flight  modes. 


(2)  The  normal  maximum  operating  rpm  for  helicopter  and 
transition  flight  modes  shall  be  388  rpm  with  power 
on. 


(3)  The  normal  maximum  operating  rpm  for  airplane  flight 
mode  shall  be  262  rpm. 

3.2.9  Fatigue  Design  Conditions 

3. 2. 9.1  Basic  Fatigue  Schedule 

The  stowed-tilt-r^ tor  aircraft  is  exposed  to  fatigue  damage 
both  as  a  fixed-wing  and  a  rotary-wing  aircraft.  Fatigue 
damage  shall  be  evaluated  as  specified  in  MIL-S-7698,  and 
ASD-TR-66-57. 


The  basic  fatigue  schedule  shall  be  based  on  aircraft  usage  as 
defined  by  the  mission  profiles.  Damage  assessment  shall  be 
based  on  a  cumulative  damage  theory.  The  significant  condi¬ 
tions  affecting  the  fatigue  performance  of  the  wing  are  the 
repeated  maneuvers  and  atmospheric  turbulence  at  low  altitudes 
and  the  relatively  large  number  of  ground-air-ground  cycles. 
The  significant  conditions  affecting  the  fatigue  performance 
of  the  nacelle  structure  are  repeated  maneuvers  with  the 
vehicle  in  the  airplane  mode,  ground-air-ground  cycles  and 
rotor  loads.  The  significant  conditions  affecting  the  fatigue 
performance  of  the  dynamic  system  are  the  prop/rotor  cyclic 
control  and  airplane  flight  and  inclination  of  the  prop/rotor 


axis.  The  dynamic  system  is  considered  to  include  the 
prop/roto:  blade,  hub,  controls  and  drive  and  drive  system. 

Rotor  Hub  and  Blade  Loads  for  Preliminary  Design 

The  most  significant  hub  and  blade  design  loads  are  the 
alternating  fatigue  loads  due  to  the  application  of  rotor 
cyclic  pitch  in  the  helicopter  mode.  In  this  flight  mode 
rotor  cyclic  pitch  provides  for  the  aircraft  yaw  and  pitch 
control.  The  rotor  blade  component  design  study  considered 
the  primary  design  loads  for  unlimited  life  corresponding  to 
application  of  cyclic  pitch  to  achieve  25%  of  the  maximum  yaw 
acceleration  plus  aircraft  trim  at  the  most  adverse  center  of 
gravity  position.  Blade  loads  occurring  from  other  conditions 
such  as  airplane  maneuvers,  gusts,  and  transition  mode  are 
anticipated  to  be  no  higher  than  the  cyclic  pitch  loads.  The 
frequency  spectrum  of  cyclic  pitch  control  inputs  greater 
than  the  design  case  is  highly  dependent  on  aircraft  flying 
qualities  and  requires  further  study.  This  single  fatigue 
design  condition  serves  as  a  base  reference  by  which  all  other 
flight  loads  can  be  evaluated  including  blade  loads  from  model 
tests. 

Service  Life 

The  service  life  of  the  \  Lng  and  nacelle  structure  shall  be 
10,000  hours.  The  service  3  .vie  on  dynamic  system  components 
shall  be  3,600  hours,  except  as  indicated  below. 

Airplane  integrity  shall  be  established  along  the  guidelines 
of  ASD-TR-66-57,  "Air  Force  Structural  Integrity  Program 
Requirements . " 

The  B-10  design  life  for  the  individual  drive  system  bearings 
shall  be  established  based  on  the  mean  time  between  removal 
(MTBR)  of  the  desired  transmission.  This  means  that  the  total 
bearing  system  life,  when  combined  with  other  critical 
component  lives,  will  result  in  the  desirec.  transmission  MTBR. 

Gearbox  cases  shall  be  designed  for  a  service  life  of 
10,000  hours,  considering  drive  train  and  rotor  loads.  All 
drive  system  gears  and  splines  shall  be  designed  for  un¬ 
restricted  fatigue  life  under  maximum  rated  power  at  normal 
operation  rpm. 


ROTOR  ANALYTICAL  METHODS 


3.3.1  Rotor  Blade  Natural  Frequencies 


The  analytical  programs  used  to  calculate  the  rotor  blade 
natural  frequencies  are  designated  L-01  for  torsion  and  L-21 
for  bending. 

The  L-01  program  calculates  the  natural  frequencies  and  mode 
shapes  for  the  uncoupled  flap  bending,  chord  bending  and 
torsional  free  vibrations  of  stationary  and  rotating  wings. 
Only  the  torsional  analysis  is  used  for  prop/rotor  analysis. 

The  theoretical  basis  of  this  program  is  the  lumped  parameter 
method  of  analysis  employing  finite  difference  equations  to 
relate  the  dynamic  aeroelastic  quantities  of  adjacent  wing 
stations,  whose  maximum  number  is  fifty  (50) .  Trial  and  error 
tabular  calculations  are  employed  in  search  of  the  wing  natural 
frequencies,  these  being  attained  by  satisfaction  of  the  root 
boundary  conditions,  including  the  pinned  and  cantilever 
conditions.  Having  found  the  natural  frequencies,  the  program 
proceeds  to  calculate  the  deflection,  slope,  moment,  shear, 
and  loading  distributions  for  each  natural  mode.  In  addition, 
the  program  calculates  the  critical  aerodynamic  damping  ratios, 
the  damped  natural  frequencies,  damped  amplification  factors, 
and  phase  angles,  the  latter  two  for  twelve  harmonics  of 
exciting  frequencies,  for  each  natural  mode.  Following  the 
solutions  for  the  natural  modes,  a  classical  flutter  analysis 
is  made  for  the  coupled  flap  bending  and  torsion  flutter 
vibrations  of  the  stationary  or  rotating  wing,  for  all 
combinations  of  the  natural  modes  found  earlier.  The  analysis 
employs  generalized  coordinate  theory  with  the  Tiieodorsen  un¬ 
steady  aerodynamic  theory,  wherein  the  complex  circulation 
function  is  made  unity.  The  program  output  includes  natural 
frequencies,  mode  shapes,  amplification  factors  and  flutter 
parameters. 

The  L-21  program  calculates  the  coupled  flap/chord  bending 
natural  frequencies  and  normal  modes  of  a  twisted  propeller  by 
means  of  transfer  equations  written  in  matrix  form.  Non- 
uniform  blade  properties  are  read  into  the  program  which 
proceeds  to  divide  each  distribution  into  forty  uniform 
sections.  Matrix  transfers  are  based  on  simple  beam  theory 
(Reference:  3.1)  using  a  mass,  elastic,  twist  and  spring 
matrix  in  a  series  from  blade  tip  to  root  station.  Boundary 
conditions  are  imposed  on  the  product  of  the  matrix  series  to 


yield  a  determinant  whose  z^o's  define  the  natural  frequencies 
of  the  system.  A  tip  modal  column  of  shear,  moment,  slope  and 
deflection  is  computed  and  used  in  the  matrix  series  to 
complete  the  modal  print-out.  The  output  provides  natural 
frequencies,  the  associated  normal  mode  of  shear,  moment, 
slope  and  deflection  normalized  to  unit  vertical  tip  deflec¬ 
tion;  mode  integrals,  damped  amplification  factors,  centrifugal 
force;  static  droop  under  lg  loading  and  also  under  unit 
pressure  loading.  Program  results  are  based  on  propeller  flap 
and  chord  motions  only.  The  rotor  hub  has  no  degree  of 
freedom. 


3.3.2  Rotor  Blade  Loads  Analysis 

The  analytical  program  used  to  calculate  rotor  blade  loads  is 
D-88 . 

The  d-88  program  calculates  rotor  blade  flap,  lag  and  pitch 
deflections  and  loads  together  with  control  system  forces, 
vibratory  hub  loads  and  rotor  performance.  Articulated  and 
hingeless  rotors  with  from  2  to  9  blades  may  be  analyzed. 

The  analysis  is  limited  to  calculations  involving  stesc’v  state 
flight  at  constant  rotor  tip  speeds.  The  blades  may  be  of 
arbitrary  planform,  twist,  and  radial  variation  in  airf^’  1 
characteristics . 

The  analysis  considers  coupled  flap-pitch  and  uncoupled  lag 
flexibility  of  the  rotor  blades.  The  blade  is  represented  by 
fifteen  (15)  lumped  masses,  interconnected  in  series  by 
elastic  elements.  Boundary  conditions  for  either  articulated 
or  hingeless  rotors  are  applied  and  the  solution  obtained  by 
expanding  the  variables  in  a  ten  harmonic  fourier  series. 

Airload  calculations  include  the  effects  of  airfoil  section 
geometry,  compressibility,  stall,  3-dimensional  flow,  unsteady 
aerodynamics  and  non-uniform  inflow.  The  solution  for  the 
non-linear  aerodynamic  forces  and  the  coupled  flap-pitch 
dynamic  response  are  performed  in  series  and  an  iteration 
technique  is  used  to  obtain  the  final  solution. 

Non-uniform  downwash  field,  airloads  (in  both  wind  and  disc 
axis  systems),  non-dimensional  aerodynamic  performance,  blade 
loads  and  displacements  (in  both  blade  and  disc  axis  systems), 
hub  loads,  rotating  pitch  link  loads,  and  fixed  system  control 
loads  are  provided. 
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ROTOR  BLADE  DYNAMICS 


3.4.1  Blade  Design  Criteria 


The  hingeless  rotor  design  is  fundamentally  controlled  by 
blade  frequency  requirements.  The  use  of  the  rotor  for  hover 
yaw  control  dictates  a  "flexible"  blade  to  provide  the 
required  thrust  vector  tilt  with  minimum  complexity  of  the 
rotor  and  nacelle  systems.  The  hingeless  rotor  with  a  low 
chordwise  stiffness  of  the  inboard  portion  of  the  blade 
provides  a  soft  in-plane  feature  with  the  first  lag  bending 
frequency  ratio  less  than  one.  a  typical  rotor  frequency 
chart  is  shown  in  Figure  3.3.  This  feature  results  in  low  lag 
bending  moments  and  minimizes  the  weight  of  the  blade  root 
structure.  The  blade  dynamic  requirements  are  defined  by  the 
blade  natural  frequencies  and  are  specified  as  follows: 

(a)  The  first  coupled  rotating  bending  frequency  ratio 

(  ^  )  shall  be  0.70  to  0.80  for  helicopter,  transition 
and  airplane  flight  at  normal  rotor  speeds  for  each 
condition.  The  predominant  bending  mode  shall  be 
in  the  plane  of  the  rotor  (lag) . 

(b)  The  second  coupled  rotating  bending  frequency  ratio 
shall  be  1.15  to  1.25  for  helicopter  and  transition 
flight  at  normal  rotor  speed  for  each  condition. 

The  predominant  bending  mode  shall  be  out  of  plane 
of  the  rotor  (flap) . 

(c)  The  third  and  fourth  coupled  bending  frequencies 
shall  be  displaced  +  10%  of  rotor  speed  and  .15/rev 
from  any  integer  harmonic  for  both  helicopter, 
transition  and  airplane  flight.  Additionally,  the 
frequencies  shall  not  occur  within  the  frequency 
band  of  n+0. 25/rev  where  n  is  the  number  of  blades 
per  rotor. 

(d)  The  first  torsional  natural  frequency  shall  be  dis¬ 
placed  at  least  +  10%  of  rotor  RPM  and  0.25/rev  from 

any  integer  harmonic  for  both  helicopter  and  airplane 
flights. 


(e)  The  coupled  bending  frequencies  and  the  first 
torsional  frequency  shall  be  displaced  by  at  least 
0 . 5/rev. 

(f)  There  shall  be  no  resonance  crossings  of  any  integer 
harmonic  up  to  n/per  rev  within  the  normal  operating 
RPM  range;  i.e.,  from  cruise  to  hover  RPM. 

3. 4. 1.2  Stall  Flutter 

The  rotor  shall  be  free  of  stall  flutter  in  hover  within  the  normal 
operating  envelope  for  a  rotor  thrust  for  1.15  vertical  load  factor 

3.4. 1.3  Classical  Flutter 

The  rotor  blades  shall  be  free  of  aeroelastic  instabilities  (such 
as  but  not  limited  to  classical  flutter,  divergence,  pitch-lag 
and  pitch-flap  instabilities  at  all  rotor  speeds  up  to  1.25 
times  the  design  limit  speed  with  and  without  power  and  including 
the  zero  RPM  feathered  propeller  condition,  at  all  thrust  con¬ 
ditions  from  maximum  design  negative  thrust  to  the  maximum  positive 
thrust  condition  including  the  effects  of  control  power  require¬ 
ments,  for  all  environmental  conditions  encompassed  by  the  design 
flight  envelope,  for  all  design  conditions  of  gusts  and  maneuvers, 
and  for  all  aircraft  speeds  up  to  1.15  the  maximum  design  speed. 

3.4.2  Blade  Frequency  Variation  Within  the  Operating  Envelope 

The  blade  bending  frequencies  are  affected  by  variation  in  rotor 
speed  and  collective  pitch  (Figure  3.4).  These  parameters  can  vary 
considerably  for  the  helicopter,  transition  and  airplane  flight 
modes.  The  first  two  bending  mode  natural  frequencies  for  the 
rotor  blade  design  considered  are  controlled  by  the  blade  spar 
structure  inboard  of  30  percent  radius.  The  resulting  blade  spar 
has  different  root  flap  and  chord  stiffness.  It  is  important  that 
the  blade  natural  frequencies  can  be  predicted  accurately.  A  corre 
lation  study  was  conducted  to  demonstrate  the  prediction  capability 


a  bow 


FREQUENCY  RATIO  (cj/jl ) 

FIGURE  3.4  EFFECT  OF  COLLECTIVE  PITCH  ON  BLADE 
BENDING  FREQUENCIES 


blade  rotating  frequencies  for  correlation  with  calculated 
values.  During  the  rotor  startup  to  operating  rotor  speed 
several  integer  harmonic  frequency  crossings  are  encountered. 
The  blade  bending  moments  respond  predominantly  at  those 
frequencies.  Test  programs  I,  II  and  IV  included  frequency 
measurements  using  baffles  placed  under  the  rotor  disc  plane 
to  provide  1,2,3  and  4  per  rev  excitation.  The  baffles  excite 
the  blades  by  restricting  the  downwash  as  each  blade  passes 
over  a  baffle.  Since  the  rotor  wake  is  subsonic,  any  downwash 
restriction  in  the  wake  will  immediately  influence  the  flow 
field  in  the  disc  plane.  A  description  of  the  baffle  arrange¬ 
ment  is  shown  in  the  respective  test  and  reports. 

3. 4. 3. 3  Correlation  of  Measured  and  Predicted  Blade 
Frequencies 

Blade  bending  frequencies  are  calculated  by  the  Program  L-21 
described  in  paragraph  3 .3.  Correlation  with  frequency  spectrum 
is  shown  in  Figures  3.5  and  3 . 6.  correlation  of  measured  and 
predicted  blade  frequencies  for  each  model  tested  is  shown  in 
Figures  3.7  to  3.9.  These  figures  show  the  analysis  to  be 
good.  The  deviations  shown  are  due  to  differences  between  the 
calculated  and  actual  mass  and  stiffness  properties  of  the 
model  blades.  Any  deviations  are  important  to  the  blade  load 
predictions  because  the  first  two  bending  modes  produce  the 
dominant  alternating  bending  moments. 
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FIGURE  3.5  PREDICTED  AND  MEASURED  ROTOR  BLADE  NATURAL 
FREQUENCIES  FOR  9.75  =  15° 
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FIGURE  3.6  PREDICTED  AND  MEASURED  ROTOR  BLADE  NATURAL 
FREQUENCIES  FOR  9<75  =  3  DEG. 

TILT  ROTOR  DYNAMIC  MODEL 
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MEASURED  RPM  OF  INTEGER  FREQUENCY  RATIO 
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FIGURE  3.9  CORRELATION  OF  MEASURED  AND  PREDICTED  BLADE 
FREQUENCIES  1/9  SCALE  CONVERSION  MODEL 


3.5  MODEL  ROTOR  BLADE  TEST  LOADS 


The  four  model  tests  (References  1.4  through  1.7)  provided 
blade  load  data  for  hover,  tilt  transition  and  cruise 
attitudes  and  for  the  conversion  process  including  windmilling, 
feathering  and  stowing.  Parameters  varied  were  collective 
pitch,  cyclic  pitch,  rotor  speed,  nacelle  tilt,  model  pitch  and 
yaw  and  dynamic  pressure.  Blade  flap  and  chord  bending  moments 
were  measured  by  strain  gages  placed  close  to  the  blade  root 
and  limited  to  one  flap  and  one  chord  bending  gage  for  the 
tilt  rotor  dynamic  and  performance  models  and  two  flap  and  two 
chord  bending  gages  for  the  conversion  models.  A  summary 
discussion  of  the  trends  of  the  results  is  given  in  the 
following  paragraphs.  These  trends  are  from  the  blade  loads 
sections  of  References  1.4,  Section  8.2;  1.5,  Section  6.0; 

1.6,  Section  7.0;  1.7  Section  6.0.  Only  some  of  the  figures 
will  be  repeated  here  to  avoid  repetition. 

It  should  be  noted  that  only  the  1/9  scale  stowed  rotor  model 
and  the  1/10  scale  dynamic  tilt  rotor  model  (test  programs  III 
and  IV)  have  a  dynamically  scaled  wing,  nacelle  and  rotor 
system.  The  1/16  scale  conversion  model  of  test  program  I 
has  dynamically  scaled  rotor  blades  but  a  stiff  wing.  The 
1/10  scale  performance  model  of  test  program  II  had  heavy 
blades  that  were  designed  mainly  for  pumping  air  over  the 
model  to  obtain  airframe/rotor  interference  data.  The  blades 
however  are  representative  of  stiff-in-plane  rotor  blades  and 
trend  data  are  included  here  to  show  parametric  effects. 

3.5.1  Hover 

Some  of  the  questions  that  the  model  test  programs  were 
designed  to  answer  for  hover  flight  are  presented  below: 

(1)  What  are  the  effects  of  cyclic  pitch  and  collective 
pitch  on  blade  loads? 

(2)  Are  these  loads  affected  by  ground  height? 

(3)  What  are  the  blade  loads  during  rotor  start  up? 

(4)  What  are  the  blade  loads  due  to  rotor  interference? 

(5)  What  are  the  control  moments  due  to  cyclic  pitch  in 
hover? 


(6)  Are  stall  flutter  inception  and  loads  in  hover  and 
transition  predictable? 

One  of  the  primary  objectives  was  to  determine  the  effect  of 
cyclic  pitch  on  blade  loads  in  hover.  The  tilt  rotor  dynamic 
and  performance  models  both  had  the  capability  of  cyclic  pitch 
control  and  typical  results  are  shown  in  Figure  3.10.  The 
blade  bending  moments  are  linear  with  cyclic  pitch  variation; 
however,  the  moments  at  zero  cyclic  pitch  are  finite.  The 
source  of  these  loads  is  harmonics  higher  than  1/rev  and  they 
are  caused  by  ground  effects,  model  mounting  or  rotor  balance. 
The  high  chordwise  loads  for  the  performance  model  at  zero 
cyclic  are  caused  by  operation  on  the  3/rev  resonance  point  at 
2000  RPM,  see  Figure  3.5.  Other  conclusions  drawn  from  the 
hover  results,  (but  not  shown  here),  are  that  the  sensitivity 
of  blade  loads  to  cyclic  pitch  is  not  affected  by  ground 
effect,  but  ground  effect  does  increase  the  minimum  blade  load 
at  zero  cyclic.  Increased  collective  pitch  increased  the 
blade  load  sensitivity  to  cyclic  pitch.  The  blade  alternating 
loads  were  essentially  unaffected  by  differential  collective 
between  the  two  rotors  corresponding  to  that  required  for  roll 
control  power  in  hover.  Stall  flutter  as  illustrated  by  the 
rate  of  change  of  the  blade  torsion  amplitude  at  its  natural 
frequency  was  encountered  on  the  tilt  rotor  dynamic  model. 
However,  even  at  the  highest  thrust  tested,  producing  a  thrust 
coefficient  CT/^  equal  to  0.118,  the  absolute  value  of 
alternating  torsion  moment  is  low.  A  comparison  of  the  blade 
loads  measured  on  the  two  tilt  rotor  models  for  various 
conditions  is  shown  in  Table  3.6. 

3.5.2  Transition 

Tests  on  the  tilt  rotor  dynamic  and  performance  models  investi¬ 
gated  the  transition  mode.  Test  results  show  that  for  each 
nacelle  tilt,  collective  pitch  and  dynamic  pressure,  there  is 
a  value  of  cyclic  pitch  at  which  alternating  blade  bending 
moments  are  minimized.  This  effect  of  cyclic  pitch  s  shown  in 
Figure  3.11.  The  blade  loads  are  primarily  of  one  per  rev 
response  although  some  higher  harmonic  response  does  exist. 

With  correct  phasing  of  the  cyclic  pitch,  the  one  per  rev 
loading  should  be  eliminated.  For  a  constant  nacelle  tilt  with 
collective  and  cyclic  adjusted  for  minimum  loads,  increased 
dynamic  pressure  increases  the  minimum  value  of  alternating 
bending  moments,  as  shown  on  Figure  3.11. 
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TABLE  3.6 

SUMMARY  OF  MEASURED  BLADE  LOADS  FOR  TILT  ROTOR  MODELS 


ALTERNATING  BENDING 

MOMENT  IN-LB 

DYNAMIC 

MODEL 

PERFORMANCE 

MODEL 

CHORD 

FLAP 

CHORD 

FLAP 

ROTOR  START 


ROTOR  SHUT  DOWN 


HOVER  MOMENT/DEG  CYCLIC 


HOVER  MINIMUM  LOAD 


TRANSITION  MOMENT/DEG 
CYCLIC 


TRANSITION  MOMENT/DEG 
PITCH 


TRANSITION  MOMENT/DEG  YAW 


CRUISE  STEADY 


5.  2.5 


MOMENT/DEG  CYCLIC  16. 


MOMENT/DEG  PITCH  6  g 


MOMENT/DEG  YAW 


r  is  operating  at  2000  RPM. 
cidence  of  the  second  lag  mod 
n  on  Figure  3.7. 


16.  22. 
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FIGURE  3.11  EFFECT  OF  CYCLIC  PITCH  ON  BLADE  LOADS 

IN  TRANSITION  TILT  ROTOR  DYNAMIC  MODEL 


3.5.3  Tilt  Rotor  Airplane 


Tests  on  the  tilt  rotor  dynamic  and  performance  models  in  the 
cruise  or  tilt  rotor  airplane  mode  investigated  the  effects  of 
aircraft  angle  of  attack,  wing  flap  incidence,  aircraft  yaw 
and  cyclic  pitch  on  alternating  blade  bending  moments.  The 
results  show  a  near-linear  increase  in  blade  loads  as  the 
aircraft  angle  of  attack  is  varied  from  zero.  This  effect  of 
aircraft  pitch  on  alternating  bending  moments  is  shown  in 
Figure  3.12.  This  trend  is  expected  since  a  change  in  rotor 
angle  of  attack  from  zero  introduces  the  rotor  to  cross  flow 
and  results  in  a  once-per-rev  sinusoidal  variation  of  blade 
section  angle  of  attack  around  the  azimuth.  Wing  circulation 
also  produces  alternating  blade  moments  when  the  wing  is 
producing  lift.  The  circulation  due  to  wing  lift  alters  the 
velocity  flow-field  in  the  rotor  disc  plane  and  this  results 
in  a  change  in  blade  section  angle  of  attadk  around  the 
azimuth.  This  change  in  local  blade  angle  due  to  wing  inter¬ 
ference  is  not  sinusoidal  and  it  is  additive  to  the  once-per- 
rev  change  in  blade  angle  due  to  inflow.  Both  rotor  inflow 
and  wing  circulation  increase  the  blade  angle  on  the  advancing 
side  of  disc  when  the  aircraft  angle  of  attack  is  increased 
from  zero.  Rotor  inflow  and  wing  circulation  effects  on  blade 
loads  are  also  additive  when  the  aircraft  angle  of  attack  is 
negative  and  the  wing  is  producing  negative  lift  since  rotor 
inflow  and  wing  circulation  decrease  the  blade  angle  on  the 
advancing  side  of  the  disc. 

Wing  interference  effects  can  cause  approximately  20  percent 
of  the  alternating  bending  moments  when  the  aircraft  is 
pitched  but  no  effect  when  the  aircraft  is  yawed,  since  wing 
circulation  changes  are  small  with  aircraft  yaw. 

3.5.4  Rotor  Windmilling,  Spin-Up  and  Feathering 

The  blade  alternating  loads  measured  during  steady  windmilling 
spin-up  and  feathering  show  that  there  is  no  significant 
difference  for  these  conditions  and  that  the  collective 
schedule  for  rotor  spin-up  and  feathering  will  not  be  con¬ 
strained  by  blade  loads.  Typical  bending  moments  are  shown  in 
Figures  3.13  and  3.14.  The  effect  of  aircraft  angle  of  attack 
change  during  steady  windmilling  on  blade  loads  (Figure  3.15) 
was  the  same  as  for  the  tilt  rotor  models  in  airplane  flight. 

A  summary  of  the  measured  loads  for  the  conversion  models  for 
various  conditions  is  contained  in  Table  3.7. 


BENDING  ALTERNATING  CHORD  BENDING 
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FIGURE  3.15  ALTERNATING  BLADE  BENDING  FOR  THREE  TUNNEL 
j^j  SPEEDS  AND  VARIOUS  NACELLE  ANGLES  AT  950  RPM 
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3.5.5  Rotor  Stowing  and  Deploying 

Folding  and  deployment  tests  were  performed  using  blade  edgewise 
and  flatwise  methods.  The  blade  steady  bending  moment  measured 
during  those  cycles  were  no  higher  than  those  for  the  stopped  or 
feathered  rotor  condition  and  did  not  result  in  any  limitation 
to  the  folding  method.  Typical  steady  load  trend  with  blade 
fold  angle  are  shown  from  the  1/9  scale  conversion  model  in 
Figures  3.16  and  3.17.  The  blade  bending  deflections  observed 
for  the  1/9  scale  model  with  stopped  rotor  indicated  that  the 
maximum  bending  moments  were  at  approximately  the  blade  mid-span. 
The  moments  calculated  for  40  percent  radius  considering  air 
loads  are  2.2  times  higher  than  at  12.5  percent  radius  (blade 
strain  gage  radius) .  This  essentially  confirms  the  observed 
deflections . 

The  vibratory  bending  moments  during  all  stowing  and  deploying 
tests  were  insignificant. 

3.6  BLADE  LOAD  CORRELATION 


Measured  blade  loads  are  correlated  with  analytical  predictions 
for  selected  conditions  showing  the  effect  of  cyclic  pitch  and 
rotor  angle  of  attack  for  both  pitch  and  yaw.  The  tilt  rotor 
dynamic  and  performance  model  and  the  1/9  scale  conversion  model 
test  data  are  included.  Most  of  the  correlation  is  for  alterna¬ 
ting  blade  flap  and  chord  bending  moments.  Blade  alternating 
torsional  moment  due  to  stall  flutter  measured  during  testing  of 
5'  diameter  blades  reported  in  reference  3.2  is  correlated  with 
D-88  predictions  using  unsteady  aerodynamics. 

3.6.1  Evaluation  of  Blade  Load  Prediction  Capability 

The  successful  design  of  a  propeller/rotor  blade  depends  to  a 
large  extent  on  the  capability  to  predict  the  rotor  blade  loads 
and  the  identification  of  critical  flight  conditions.  Correlation 
of  predicted  and  measured  blade  bending  moments  using  the  Program 
D-88  is  shown  in  Paragraph  3.6  for  three  structurally  and  dynam¬ 
ically  different  prop/rotor  blades. 

The  tilt  rotor  performance  model  blade  is  of  fiberglass  construc¬ 
tion  with  high  bending  stiffness.  The  tilt  rotor  dynamic  model 
was  constructed  with  an  aluminum  spar  and  titanium  alloy  root 
fittings.  The  flap  bending  frequency  ratio  for  this  blade  was 
1.2  and  the  chord  bending  ratio  less  than  one  (soft-in-plane). 

The  1/9  conversion  model  blade  was  constructed  of  a  steel  spar 
with  matched  flap  and  chord  stiffness  inboard  of  30  percent  radius. 


■*  M  ■*  •* 


The  bending  frequencies  were  similar  to  the  tilt  rotor  dynamic 
blade.  Both  of  the  latter  blades  are  dynamically  similar  to 
the  soft-in-plane  propeller/rotor  designed  in  the  component 
design  phase,  Reference  1.2. 

The  three  models  were  also  mounted  by  quite  different  methods. 

The  performance  model  was  sting-mounted,  the  dynamic  model  was 
freely  suspended  and  the  semi-span  conversion  model  had  a 
cantilevered  wing.  The  analysis  used  in  the  correlation  pres¬ 
ented  here  did  not  attempt  to  represent  these  various  differences 
and  the  analysis  assumed  a  rigidly  mounted  rotor  isolated  from 
the  model  dynamics  or  vibration. 

The  free  suspension  of  the  tilt  rotor  dynamic  model  resulted  in 
questionable  measurements  of  aircraft  attitudes  and  angular 
velocities.  For  this  model  rotor  unbalance,  vibration  and 
hub  motions  produced  noticeable  effects  on  blade  load  levels 
and  slope  of  blade  load  with  cyclic  pitch  and  attitude  variation. 
The  vibrations,  etc.  present  on  other  models  primarily  effected 
a  change  in  load  levels,  but  not  the  slope. 

The  D-88  program  analysis  was  selected  for  the  initial  correla¬ 
tion  study  because  of  the  following  features: 

a.  It  is  fully  operational. 

b.  It  has  been  used  over  10  years  for  helicopter  rotor  analysis. 

c.  It  incorporates  an  unsteady  aerodynamics  capability 

d.  It  has  a  wing  interference  effect  capability. 

The  D-88  program  was  originated  for  helicopter  rotor  blades  with 
relatively  low  twist,  and  intended  for  use  in  edgewise  flight  at 
low  collective  pitch  angles .  The  program  is  an  uncoupled  flap/lag 
analysis  and  the  blade  stiffnesses  are  input  in-plane  and  out-of¬ 
plane  of  the  rotor  without  accounting  for  the  twist.  It  is  there¬ 
fore  seen  that  the  stiffnesses  cannot  be  truly  represented  in  the 
program.  For  a  flexible  hingeless  rotor  the  blade  bending  for  the 
first  in-plane  and  out-of-plane  modes  takes  place  over  the  inboard 
area  of  the  spar.  Providing  the  uncoupled  and  coupled  frequencies 
are  approximately  the  same,  the  D-88  program,  although  not  exact, 
will  perform  a  satisfactory  analysis. 

A  summary  of  the  prediction  capability  is  presented  in  Table  3.8. 
Ratings  of  good,  fair  or  poor  for  load  level  and  slope  are  given 
to  each  one  of  the  correlation  figures.  The  predictions  for  the 
tilt  rotor  dynamic  model  in  transition  and  cruise  are  poor  compared 
to  the  other  models  due  to  the  model  problems  previously  discussed. 
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TABLE  3.8  SUMMARY  OF  BLADE  LOAD  PREDICTION  CAPABILITY 


1  - "1 

RAT' 
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DIRECTION 

CONDITION 

PARANdETER 

PROGRAM 

FIG. NO. 

SLOPE 

LEVEL 
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PERS’GK" 

MANCE 
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3.38 
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CRUISE 
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POOR 

1/9 

SCALE 

FLAP  S. 
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a 
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3.40 
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V _ ■ 

BSBa 

TORSION 
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The  sis  predicts  the  flap  bending  moments  in  hover  due  to 

cv'  .  it:  -•  i  t  *h  if  consideration  is  given  to  the  higher  harmonic 
bare  f\\i  2  to  model  vibration.  However,  the  chord  bending 
mcmt''  are  underpi  edict. id.  This  is  attributed  partially  to 
the  sensitivity  of  the  blade  in-plane  bending  to  the  in-plane 
fregaency,  the  residual  built-in  cyclic  in  tne  small  scale 
models  and  to  difficulty  in  obtaining  the  correct  frequency 
response  in  the  load  a.-<alysis. 

The  unsteady  aerodynamics  feature  of  the  D-88  program  identifies 
the  occurrence  and  the  characteristics  of  stall  flutter.  The 
program  is  being  Improved  continuously  by  introduction  of 
unsteady  airload?  data  from  airfoil  and  rotor  tests.  A  very 
aggressive  program  ;s  neing  pursued  by  The  Boeing  Company  in 
this  area. 

For  transition  and  cruise  the  analysis  predicts  the  order  and 
general  trend  of  flap  bendinc  moments  due  to  aircraft  or  rotor 
attitude  and  cyclic  pitch.  The  chord  bending  moment  parametric 
changes  is  predicted  but  at  a  lower  level  because  of  the  residual 
cyclic  and  frequency  effects. 

Program  L-22  is  also  operational  but  has  had  limited  application 
to  date.  It  was  specifically  designed  to  calculate  the  coupled 
flap/chord  forced  vibrations  of  highly  twisted  propeller  blades. 
The  analysis  uses  linear  aerodynamics  and  at  the  present  time 
the  effect  of  wing  interference  is  not  included.  Correlation 
with  and  improvements  to  this  program  are  considered  to  be  the 
next  steps. 

Recognizing  the  need  for  improved  analytical  methods  for  both 
blade  load  and  stability,  the  USAF  awarded  a  contract  to  Boeing 
in  early  1971  for  the  development  of  improved  methodology. 

Program  C-70  is  being  developed  under  this  contract  and  will  be 
operational  by  the  end  of  1971.  It  is  designed  specifically  for 
propeller/rotor  analysis  and  will  include  flap/lag/pitch  coupling 
and  unsteady  aerodynamics.  This  program  will  basically  combine 
the  desirable  features  of  D-88  and  L-22  programs  and  is  antici¬ 
pated  to  provide  a  considerable  technology  advance  and  improved 
blade  load  prediction  capability. 


3.6.2  Hover 


Measured  alternating  blade  bending  moments  caused  by  rotor  cyclic 
pitch  in  hover  are  correlated  with  program  D-88.  Data  are  shown 
in  Figures  3.18  and  3.19  for  the  dynamic  model  (Test  Program  IV), 
and  in  Figure  3.20  for  the  performance  model  (Test  Program  II). 

The  analyses  are  for  an  isolated  rigidly  mounted  rotor  and  they 
predict  zero  bending  moments  for  the  zero  cyclic  case.  The  non¬ 
zero  flap  bending  moment  at  zero  cyclic  for  the  dynamic  model  is 
caused  by  higher  bending  harmonics  and  residual  cyclic  pitch. 

The  chord  bending  moment  shift  in  load  level  is  due  to  residual 
cyclic  out  of  phase  with  the  models  monocyclic  control  and  also 
rotor  unbalance.  The  mismatch  between  test  and  theory  is  also 
discussed  in  Paragraph  3.6.1. 

Figure  3.20  shows  good  correlation  with  flap  bending  test  data. 

The  shift  in  alternating  chord  bending  moment  between  analysis  and 
theory  is  caused  by  the  6th  harmonic  for  which  the  analysis  was  not 
correctly  modeled.  This  is  shown  in  Figures  3.21  and  3.22  where 
the  waveforms  indicate  that  good  chordwise  correlation  exists  for 
the  1/rev  components  of  the  measured  bending  moments.  The  6/rev  is 
due  to  a  third  bending  mode  and/or  torsional  response  of  the  blade. 

Blade  stall  flutter  was  encountered  during  testing  of  the  tilt 
rotor  models.  The  conditions  and  test  data  have  not  been  analyzed 
in  sufficient  detail  for  correlation  with  analytical  predictions. 
However,  the  unsteady  aerodynamic  capability  of  the  D-88  analysis 
program  has  been  utilized  to  predict  stall  flutter  for  other  prop/ 
rotor  model  blades.  Figure  3.23  shows  the  test  and  analytical 
results  for  the  5-foot  diameter  prop/rotor  test  reported  in 
Reference  3.2.  The  analysis  shows  good  correlation  of  the  alter¬ 
nating  root  torsion  with  increase  in  rotor  thrust  coefficient 
C<p/o.  The  growth  in  the  alternating  torsion  predicted  by  the 
analysis  is  due  to  the  increase  of  the  sixth  harmonic  component 
which  corresponds  to  the  blade  torsional  frequency  ratio  of  5.67/rev 
at  2000  RPM  rotor  speed. 

3.6.3  Transition 

Correlation  of  measured  and  predicted  blade  bending  moments  is 
shown  for  transition  flight  for  variation  of  cyclic  pitch  angle 
and  aircraft  angle  of  attack.  The  test  data  for  the  tilt  rotor 
dynamic  model  shows  the  effect  of  cyclic  pitch  and  the  data  for 
the  tilt  rotor  performance  model  shows  the  effect  of  aircraft 
angle  of  attack.  The  nacelle  tilt  angles  are  40  degrees  and 
45  degrees  respectively. 
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FIGURE  3.18  CORRELATION  OF  MEASURED  AND  PREDICTED  ROTOR 

ALTERNATING  FLAP  BENDING  MOMENT  IN  HOVER  WITH 
CYCLIC  PITCH  VARIATION-TILT  ROTOR  DYNAMIC  MODEL 


ALTERNATING  CHORD  BENDING  MOMENT  AT  .10R  (IN-LB) 
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02  “  CYCLIC  PITCH  ANGLE  -  DEGREES 

FIGURE  3.19  CORRELATION  OF  MEASURED  AND  PREDICTED  ROTOR 

ALTERNATING  CHORD  BENDING  MOMENT  IN  HOVER  WITH 
CYCLIC  PITCH  VARIATION-  TILT  ROTOR  DYNAMIC  MODEL 


ALTERNATING  CHORD  BENDING  ALTERNATING  FLAP  BENDING 

AT  . 35R  (IN-LB)  AT  .35R  (IN-LB) 


FLAP  BENDING  MOMENT  WAVEFORM 
TILT  ROTOR  PERFORMANCE  I« 


PERFORMANCE  MODEL 


The  D-88  program  analysis  is  used  to  predict  the  effect  of  cyclic 
pitch  in  Figures  3.24  and  3.25.  The  analysis  overpredicts  the 
measured  flap  and  chord  bending  moments  by  approximately  40  per¬ 
cent.  Cyclic  pitch  is  used  in  transition  flight  to  minimize  the 
alternating  bending  moments  due  to  the  rotor  angle  of  attack. 
Theoretically,  the  first  harmonic  moment  can  be  reduced  to  zero  by 
the  correct  cyclic  pitch.  The  test  data  show  that  the  models  lon¬ 
gitudinal  cyclic  pitch  input  is  not  correctly  phased  for  minimum 
loads  and  that  lateral  cyclic  pitch  is  required  as  well  to  reduce 
the  alternating  bending  moments.  The  mismatch  between  test  and 
theory  is  also  discussed  in  Paragraph  3.6.1. 

The  effect  of  aircraft  angle  of  attack  is  predicted  by  D-88  ana¬ 
lysis  in  Figures  3.26  and  3.27  for  the  performance  model.  The 
predicted  trend  of  flap  bending  moment  with  angle  of  attack  matches 
the  measured  data.  The  chord  bending  moments  are  underpredicted. 
This  is-  mainly  due  to  the  higher  harmonic  content  of  the  measured 
data  caused  by  the  proximity  of  the  three  per  rev  integer  harmonic 
crossing  for  the  second  or  lag  bending  mode  as  shown  in  Figure  3.5. 

3.6.4  Tilt  Rotor  Airplane 


Correlation  of  predicted  and  measured  blade  alternating  flap  and 
chord  bending  moment  for  cruise  flight  with  aircraft  yaw  angle, 
aircraft  pitch  angle,  cyclic  pitch  and  wing  flap  deflection  is 
shown  in  Figures  3.28  through  3.39.  The  data  are  for  the  tilt 
rotor  dynamic  and  performance  models.  The  L-22  program  analysis 
is  used  to  predict  the  effect  of  yaw  angle  on  both  models  as  yaw 
angle  input  is  not  possible  with  D-88.  (The  L-22  program  was 
designed  for  propeller  load  analysis  and  has  had  limited  applica¬ 
tion.)  For  the  dynamic  model  (Figures  3.28  and  3.29)  the  analysis 
predicts  the  sensitivity  of  chord  versus  flap  bending  to  yaw  angle 
variation.  The  flap  bending  moments  are  much  lower  than  chord 
bending.  The  analysis  greatly  overpredicts  the  sensitivity  of 
chord  bending  to  yaw  angle  and  underpredicts  the  flap  bending. 

The  mismatch  between  test  and  theory  is  also  discussed  in  para¬ 
graph  3.6.1.  It  is  noted  again  that  the  L-22  program  does  not 
include  the  effect  of  wing  interference  and  only  includes  the 
influence  of  gravity  at  zero  yaw  angle.  For  the  performance  model 
(Figures  3.30  and  3.31)  the  analysis  closely  predicts  the  flap 
bending  moment  trend  with  yaw  angle.  The  chordwise  moment  is 
underpredicted  which  is  mainly  due  to  the  proximity  of  higher 
harmonic  integer  crossings  of  the  lag  bending  modes. 


ALTERNATING  CHORD  BENDING  MOMENT  AT  . 10R  (IN-LB) 


ALTERNATING  FLAP  BENDING  MOMENT  AT  . 10R  ( IN-LB) 


FIGURE  3.25  CORRELATION  OF  PREDICTED  AND  MEASURED  BLADE 
ALTERNATING  FLAP  BENDING  MOMENT  WITH  CYCLIC 
PITCH  ANGLE  FOR  TRANSITION  FLIGHT,  TILT  ROTOR 


DYNAMIC  MODEL 
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ALTERNATING  FLAP  BENDING  AT  .35R  (IN-LB) 


ALTERNATING  CHORD  BENDING  AT  -35R  (IN-LB) 


V  -  YAW  ANGLE  -  DEG 


3.28  CORRELATION  OF  PREDICTED  AND  MEASURED  BLADE 

ALTERNATING  FLAP  BENDING  MOMENT  WITH  AIRCRAFT 
YAW  ANGLE  FOR  CRUISE  FLIGHT,  TILT  ROTOR 
DYNAMIC  MODEL 


ALTERNATING  CHORD  BENDING  MOMENT  AT  . 10R  (IN-LB) 


V  -  YAW  ANGLE  --  DEG. 

FIGURE  3.29  CORRELATION  OF  PREDICTED  AND  MEASURED  BLADE 

ALTERNATING  CHORD  BENDING  MOMENT  WITH  AIRCRAFT 
YAW  ANGLE  FOR  CRUISE  FLIGHT,  TILT  ROTOR  DY¬ 
NAMIC  MODEL 
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FIGURE  3.30  CORRELATION  OF  PREDICTED  AND  MEASURED  ALTER 
NATING  BLADE  FLAP  BENDING  MOMENT  WITH  AIR¬ 
CRAFT  YAW  ANGLE  VARIATION  FOR  CRUISE  FLIGHT 

TILT  ROTOR  PERFORMANCE  MODEL. 


LTERNATING  CHORD  BENDING  AT  .3  5P.  ( IN-LB) 


The  D-88  program  is  used  to  predict  the  effect  of  aircraft  pitch 
angle  for  the  tilt  rotor  performance  model.  The  predicted  trends 
in  bending  moments,  Figures  3.32  and  3.33,  are  similar  to  those 
trends  for  yaw  angle  variation.  The  D-88  program  includes  the 
effect  of  wing  interference  and  closely  predicts  the  flap  bending 
moments  for  the  performance  model.  The  chord  bending  moment  data 
for  the  performance  model  again  contains  the  unpredicted  higher 
harmonic  moments.  The  correlation  of  D-88  predicted  and  measured 
moments  with  variation  of  angle  of  attack  for  the  dynamic  model 
in  Figures  3.34  and  3.35  is  poor.  This  is  believed  to  be  due  to 
the  incorrect  phasing  of  the  cyclic  pitch  in  the  analysis  due  to 
the  difficulty  of  accurately  recording  instantaneous  values  of 
cyclic  on  the  model.  The  effect  of  cyclic  pitch  on  blade  bending 
moments  is  predicted  for  the  dynamic  model  in  Figures  3.36  and 
3.37.  The  insensitivity  of  the  flap  bending  to  cyclic  pitch  is 
predicted.  Chord  bending  moments  increase  rapidly  with  cyclic 
pitch  as  indicated  by  both  measured  and  predicted  data.  The  mis¬ 
match  between  test  and  theory  is  also  discussed  in  Paragraph  3.6.1. 

The  influence  of  the  wing  flap  deflection  on  blade  bending  moments 
is  analyzed  by  the  D-88  program  in  the  same  way  as  wing  interfer¬ 
ence.  predictions  for  the  performance  model  are  contained  in 
Figures  3.38  and  3.39.  The  predictions  are  fair  in  slope  but  not 
in  magnitude.  Rotor  loads  are  relatively  insensitive  to  flap 
deflection. 

3.6.5  Windmilling  Rotor 

Correlation  of  measured  and  predicted  blade  bending  moments  for  a 
windmilling  rotor  is  shown  in  Figure  3.40.  Alternating  bending 
moments  are  shown  for  variation  of  aircraft  pitch  angle.  The  test 
data  is  for  the  1/9  scale  conversion  model.  This  case  represents 
a  low  negative  rotor  thrust  flight  condition.  The  blades  for  this 
model  were  of  relatively  simple  construction  and  were  easily  repre¬ 
sented  in  the  program. 

The  predicted  trend  of  bending  moments  with  angle  of  attack  matches 
the  data  for  both  flap  and  chord  bending.  The  bending  moments  at 
zero  angle  of  attack  are  closely  predicted.  The  calculated  loads 
for  this  condition  are  due  to  gravity  and  wing  interference  effects. 
The  flap  and  chord  moments  at  the  higher  angle  of  attack  are 
underpredicted . 
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ALTERNATING  FLAP  BENDING  AT  .35R  (IN-LB) 


NOTES 


1.  £.75 

2.  V  = 


3.  ROTO 

4.  ><>  “ 


DEG. 
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AIRCRAFT  ANGLE  OF  ATTACK  -  DEG. 

FIGURE  3.32  CORRELATION  OF  PREDICTED  AND  MEASURED  ALTER 
NATING  BLADE  FLAP  BENDING  MOMENT  WITH  ANGLE 
OF  ATTACK  VARIATION  FOR  CRUISE  FLIGHT,  TILT 
ROTOR  PERFORMANCE  MODEL. 


ALTERNATING  CHORD  BENDING  AT  .35R  (IN-LB) 


ALTERNATING  FLAP  BENDING  MOMENT  AT  . 10R  (IN-LB) 


ALTERNATING  CHORD  BENDING  MOMENT  AT  . 10R  (IN-LB) 


FIGURE  3.36  CORRELATION  OF  PREDICTED  AND  MEASURED  BLADE 
ALTERNATING  FLAP  BENDING  MOMENT  WITH  CYCLIC 
PITCH  FOR  CRUISE  FLIGHT,  TILT  ROTOR  DYNAMIC 
MODEL 
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ALTERNATING  CHORD  BENDING  MOMENT  AT  . 10R  (IN-LB) 


©2-  CYCLIC  PITCH  ANGLE  -  DEG. 


I  ;  FIGURE  3.37  CORRELATION  OF  PREDICTED  AND  MEASURED  BLADE 

\*4-  ALTERNATING  CHORD  BENDING  MOMENT  WITH  CYCLIC 

iV-V  PITCH  FOR  CRUISE  FLIGHT,  TILT  ROTOR  DYNAMIC 

'  MODEL 
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ALTERNATING  BENDING  MOMENT  ~  IN- 


3.7  CRITICAL  FLIGHT  CONDITIONS 


Summaries  of  the  measured  blade  bending  moments  for  a  spectrum  of 
conditions  tested  are  given  in  Tables  3.6  and  3.7  in  Section  3.5. 
The  critical  design  loads  are  blade  alternating  bending  moments 
due  to  cyclic  pitch  and  prop/rotor  attitude. 

The  critical  flight  conditions  will  be  hover  maneuvers  with  cyclic 
pitch  control  and  maneuvers  with  pitch  motion  in  airplane  or 
cruise  flight.  A  slow  acting  cyclic  pitch  trim  is  required  to 
alleviate  the  bending  moments  cp used  by  rotor  attitude  in  transi¬ 
tion  flight.  In  order  to  accomplish  a  maximum  reduction  in  bend¬ 
ing  moment  the  cyclic  pitch  trim  must  have  both  longitudinal  and 
lateral  inputs.  The  conversion  process  does  not  produce  limiting 
loads  provided  that  the  aircraft  pitch  attitude  is  low. 


This  section  consolidates  and  documents  the  airframe/rotor 
dynamic  information  learned  from  the  four  test  programs. 


A  brief  description  of  the  most  often  used  current  analytical 
techniques  for  investigating  dynamic  aeroelastic  phenomena 
will  be  presented.  Aeroelastic  responses  discussed  are: 

1.  Coupled  Modal  Frequencies 

2.  Modal  Dampings 

3.  Whirl  Flutter 

4.  Static  Divergence 

5.  Air/Ground  Resonance 

6.  Pitch-Lag-Flap  Coupling 

Aeroelastic  response  correlation  between  test  and  theory  will 
be  presented  and  criteria  for  design  discussed  as  applicable. 
Vibration  characteristics  will  also  be  discussed. 

3.8.1  Analytical  Methods 

Two  analytical  programs  (each  restricted  to  axial  rotor  disc 
inflow)  currently  used  to  investigate  aeroelastic  stability 
are  designated  C-40  and  C-41.  Program  C-40  determines  modal 
frequencies  and  dampings  of  rotor-nacelle-wing  systems  and 
therefore  can  be  used  to  predict  classical  wing  flutter,  air/ 
ground  resonance,  and  whirl  flutter  stability  boundaries  for 
these  systems.  Program  C-41  determines  the  stability  deriva¬ 
tives  for  an  isolated  rotor  system  and  is  used  as  a  tool  in  the 
determination  of  static  divergence  of  rotor-nacelle-wing 
systems . 

Three  new  programs  expanding  the  analytical  capability  are  in 
various  stages  of  development.  Each  of  these  programs  will 
have  the  capability  of  treating  all  conditions  of  nacelle  tilt 
and  non-axial  aerodynamic  rotor  disc  inflow. 

1.  Program  C-39  (an  aeroelastic  stability  program) 
is  now  being  used. 

2.  Program  Y-71  will  be  available  for  use  later  in 
1971.  This  program  will  be  used  to  determine 
rotor  blade  coupled  torsion,  flap  bending,  and 
chord  bending  frequencies  both  with  and  without 
initial  large  blade  deflections. 


3.  Program  C-49  will  be  available  for  use  later  in  1971. 
This  program  determines  the  stability  derivatives  for 
an  isolated  rotor  system. 

Table  3.9  compares  features  of  the  programs  discussed. 


TABLE  3.9  COMPARISON  OF  PROGRAM  FEATURES 


DESIRABLE  FEATURES/PROGRAM 

ROTOR 

DERIVATIVE 

AERO 

ELASTIC  STABILITY 

C-41 

C-49 

C-40 

C-39 

Y-71 

Blade  Flap  Coning 

Yes 

Yes 

Yes 

Yes 

Yes 

Blade  Flap  Pitch  and  Yaw 
of  Disc  Plane 

Yes 

Yes 

Yes 

Yes 

Yes 

Blade  Lag 

Yes 

Yes 

Yes 

Yes 

Yes 

Blade  Torsion 

No 

Yes 

No 

Yes 

Yes 

Blade  Flap  Hinge  Offset 
Representation 

Yes 

Yes 

Yes 

Yes 

Yes 

Blade  Flexible  Modes 

Yes 

Yes 

Yes 

Yes 

Yes  1 

Nacelle  Tilt  (Non-Axial  Flow; 

NO 

Yes 

No 

Yes 

Yes 

Large  Deflections 

NO 

Yes 

No 

Yes 

Yes 

Rotor  Blade  Cyclic 

NO 

* 

No 

* 

Yes 

Nacelle  Pitch  and  Yaw 

Yes 

Yes 

Yes 

Yes 

Yes 

Varying  Blade  Lift  Curve 
Slope 

No 

Yes 

NO 

Yes 

Yes 

Different  Nacelle  Pitch  and 
Yaw  Inertias 

NO 

Yes 

No 

Yes 

Yes 

Feedback 

NO 

* 

No 

* 

Yes 

Rigid  Body  Freedoms 

Yes 

Yes 

Wing  Aero 

Yes 

Yes 

Wing  Rotor  Interference 

No 

Yes 

* 


Feedback 


No 


3.8.2  Coupled  Frequencies  and  Dampings 


Program  C-40  is  currently  used  to  establish  coupled  modal 
frequencies  and  modal  damping  characteristics  over  the 
operating  range  of  tilt  rotor  aircraft.  Typical  frequency  and 
damping  spectrums  are  presented  on  Figures  3.41  and  3.42 
generated  for  the  1/16  scale  conversion  model.  The  modes  are 
highly  coupled.  Thus,  they  are  labeled  according  to  their 
dominant  response,  but  because  of  the  high  degree  of  coupling, 
the  modes  will  often  show  frequencies  and  other  characteristics 
substantially  different  from  the  uncoupled  modes  with  which 
such  labels  are  usually  associated. 

3. 8. 2.1  Wing  Response 

The  typical  buildup  in  wing  modal  response  at  per/rev 
crossing  is  shown  on  Figure  3.43.  This  figure  shows  the 
alternating  wing  response  for  the  semispan  1/16  scale 
conversion  model  during  cruise  testing.  As  can  be  seen,  wing 
torsion  response  is  prominent  at  850  rpm.  Figure  3.41  shows 
that  this  rotor  speed  is  very  close  to  the  predicted  speed 
for  coincidence  between  the  wing  torsion  mode  and  the  three- 
per-rev  rotor  frequency.  Thus,  it  appears  that  near  850  rpm 
the  three-per-rev  rotor  excitation  is  forcing  the  wing 
torsional  mode  at  its  natural  frequency.  Measurements  during 
test  of  the  wing  torsion  response  confirmed  it  to  bo  composed 
of  predominantly  three-per-rev  motion.  Another  significant 
response  is  the  vertical  bending  response  at  1460  rpm.  This 
is  near  the  predicted  wing  flap  and  1/per  rev  intersection. 
Measurements  of  the  response  showed  predominantly  once  per 
rev  motion.  The  3/rev,  2/rev  and  1/rev  crossings  of  wing 
chord  frequency  are  clearly  identifiable  on  Figure  3.43,  as 
are  5/rev  wing  torsion  and  the  3/rev  wing  vertical  bending, 
though  none  of  these  show  loads  approaching  those  of  the 
multiple  interaction  previously  discussed. 

Similar  response  amplifications  (to  those  for  the  cruise 
configuration  discussed  previously)  occur  at  wing  frequency 
and  per  rev  intersections  for  hover  and  transition  flight 
conf igurat ions . 

Wing  frequencies  were  found  to  vary  only  slightly  with  nacelle 
tilt.  This  is  illustrated  by  Table  3.10  which  gives  frequency 
and  dampings  from  tweak  test  measurements  with  nonrotating 
rotors.  Modal  damping  varies  substantially  with  nacelle  tilt. 
This  is  primarily  due  to  the  large  contribution  of  the  rotors 
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FIGURE  3.41  FREQUENCY  SPECTRUM  FOR  1/16  SCALE 
CONVERSION  MODEL  -  CRUISE  MODE 
V  =  135  FPS 
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FIGURE  3.43  ALTERNATING  WING  LOADS  DATA  SHOW  GOOD 
CORRELATION  WITH  DYNAMIC  PREDICTIONS, 
l/\k  SCALE  CONVERSION  MODEL  -  CRUISE  MODE 
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TABLE  3.10.  WING  FREQUENCIES  AND  DAMPINGS  FROM  TWEAK  TEST 
(1/10  SCALE  DYNAMIC  MODEL — NON-ROTATING  ROTORS) 


NACELLE  FREQ.  DAMPING  I  F 

INCIDENCE  (Cpsj  ( 


0°  (Cruise)  5.2 


90°  (Hover)  5.1 


10.5 

10.5 

10.3 

10.5 


.017 


SYM.  WING 

TORSION 

FREQ. 

(CPS) 

DAMPING 

16.8 

.010 

17.0 

* 

* 

* 

17.5 

.012 

=  NOT  MEASURED 


to  total  damping,  and  the  fact  that  the  rotor  disc  plane  is 
tilting  through  90°  relative  to  the  wing  plane. 

Wing  Design  Criteria 

Frequency  and  damping  spectrums  of  the  type  shown  by  Figures 
3.41  and  3.42  are  valuable  as  an  aid  to  design.  Each  of  the 
modal  damping  curves  must  at  a  minimum  show  stabilizing 
damping  over  all  operating  conditions.  The  higher  the  damping 
percentage  the  more  stable  the  system.  The  system  frequency 
spectrum  can  be  used  to  design  away  from  high  blade  and  wing 
loadings  by  avoiding  multiple  intersections.  Designs  produc¬ 
ing  modal  intersections  or  modal  frequency  crossover  of  forced 
response  frequencies  (per  rev  lines)  at  prolonged  operating 
conditions  should  be  avoided. 

3.8.3  ‘  Aeroelastjc  Stability 

In  this  section  the  capability  of  the  currently  used  programs 
to  predict  aeroelastic  instabilities  (i.e.,  correlation 
between  test  and  theory)  is  discussed  in  terms  of  each  type 
of  instability.  The  1/9  scale  conversion  model  was  used  to 
determine  the  capability  of  analytical  computerized  programs 
C-40  and  C-41  of  predicting  ground/air  resonance,  whirl 
flutter,  and  static  divergence  stability  boundaries. 

An  air/ground  resonance  instability  region  was  predicted  near 
enough  to  the  normal  test  schedule  of  rotor  speeds  and  tunnel 
velocities  that  additional  testing  to  define  this  boundary 
could  be  conducted  using  the  nominal  model  system.  Whirl 
flutter  and  static  divergence,  however,  were  not  predicted  to 
occur  anywhere  near  nominal  test  conditions  using  the  basic 
1/9  scale  conversion  model.  A  new  wing  spar  was  built  (with 
a  wing  torsional  stiffness  of  0.31  nominal)  to  test  for  these 
stability  boundaries. 

Air  Resonance 


Stability  program  C-40  is  currently  used  to  predict  air/ground 
stability  boundaries.  The  calculated  coupled  wing-nacelle- 
rotor  system  modal  frequencies  and  damping  as  a  function  of 
rotor  speed  for  the  1/9  scale  conversion  model  are  presented 
in  Figures  3.44  and  3.45.  These  spectra  are  for  a  cruise 
tunnel  speed  of  104  ft/sec.  The  analysis  predicted  an  air/ 
ground  resonance  instability  lower  boundary  at  1070  RPM.  This 
occurs  when  the  modal  damping  of  the  wing  flap  bending  mode 


88 


becomes  zero  (Figure  3.45)  and  is  brought  about  by  the 
approaching  coalescence  (Figure  3.44)  of  the  wing  flap  bending 
mode  and  the  lower  in-plane  blade  mode  (n-c*;L)  .  Testing 
conducted  in  the  cruise  configuration  at  a  tunnel  speed  of 
104  ft/sec  confirmed  the  prediction  of  air  resonance  at  a 
rotor  speed  of  1050  RPM. 

Static  Divergence 

The  equivalent  pitch  resisting  spring  of  the  reduced  torsional 
stiffness  wing  spar  of  the  1/9  scale  conversion  model  was 
obtained  by  direct  measurement.  The  moment  producing  wing 
torsion  (as  a  function  of  airstream  velocity  and  rotor  speed) 
was  obtained  by  summation  of  the  torsion  force  on  the  wing 
from  the  rotor  and  the  torsional  force  on  the  wing  from  wing 
aerodynamics.  Derivatives  from  stability  derivative  program 
C-41  were  used  to  obtain  the  pitching  moment  from  the  rotor 
about  the  wing  pitch  axis.  Static  divergence  was  predicted  to 
occur  when  the  total  aerodynamically  produced  pitching  moment 
on  the  wing  equaled  or  exceeded  the  elastic  restoring  moment. 

The  predicted  static  divergence  as  a  function  of  rotor  speed 
and  airstream  velocity  is  shown  on  Figure  3.46.  Static 
divergence  boundaries  obtained  from  test  data  on  the  reduced 
torsional  stiffness  spar  at  tunnel  speeds  of  130,  140  and  145 
FPS  all  coalesce  (within  experimental  accuracy)  to  give  the 
experimental  static  divergence  boundary  shown.  The  static 
divergence  predicted  boundary  based  on  measured  reduced 
torsion  spar  stiffness  showed  good  agreement  with  test. 

Whirl  Flutter 

No  whirl  flutter  instabilities  were  predicted  for  any  of  the 
model  tests  at  or  near  any  normal  test  conditions.  No  indi¬ 
cation  of  whirl  flutter  was  observed  during  any  of  the  nominal 
stiffness  wing  model  tests. 

Limited  measured  damping  of  the  whirl  flutter  mode  (.0.-0)^) 
was  obtained  during  test  of  the  1/9  scale  conversion  model  with 
reduced  torsion  stiffness  wing  spar  at  a  tunnel  velocity  of 
130  ft/sec.  Frequency  and  damping  values  obtained  from  decay 
decrements  of  the  whirl  flutter  mode  are  shown  on  Figure  3.47 
for  a  series  of  rotor  speeds.  Correlation  with  predicted 
damping  using  aeroelastic  stability  Program  C-40  is  also  shown. 
These  limited  data  show  good  correlation  between  test  and 
theory. 
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ROTOR  SPEED 


RPM 


FIGURE  3.46  STATIC  DIVERGENCY  BOUNDARY  EXTRACTED  FROM 
TEST  DATA  -  RUN  126  -  REDUCED  TORSION 
STIFFNESS  SPAR  -  1/9  SCALE  CONVERSION  MODEL 


FIGURE.  3.47.  DAMPING  IN  WHIRL  MODE 

REDUCED  TORSION  STIFFNESS  SPAR,  V=130  FT/SEC 
1/9  SCALE  CONVERSION  MODEL 


93 


Pitch-Flap-Lag  Coupling 


During  testing  of  the  1/10  scale  dynamic  model  there  were  some 
conditions  near  zero  thrust  in  hover  and  slow  velocities  in 
transition  where  a  mode,  associated  primarily  with  blade  chord 
bending,  was  lightly  damped.  In  some  cases,  a  limit  cycle 
oscillation  developed.  This  response  did  not  occur  at  the 
higher  tunnel  speeds  tested  in  the  cruise  mode. 

The  mode  was  always  sufficiently  stable  that  a  substantial 
volume  of  test  data  could  be  taken  at  the  conditions  where  it 
was  encountered.  A  typical  oscillograph  tape  showing  the 
nature  of  the  mode  as  a  limit  cycle  oscillation  is  given  in 
Figure  3.48. 

The  primary  characteristic  is  shown  on  the  blade  chord  bending 
trace  where  a  substantial  0.72/rev  (blade  chord  bending  natural 
frequency)  is  superimposed  on  the  normal  1/rev.  This  shows  up 
as  the  0.28/rev  beat  visible  in  the  trace  which  appears  to  be 
directly  related  to  the  frequency  which  was  predicted 

to  be  0.28/rev  at  this  rotor  speed.  The  blade  flap  bending 
and  torsion  traces  show  the  same  frequencies  though  with  less 
amplitude,  while  wing  torsion  (fixed  system)  shows  a  correspond' 
ing  1-.72  =  0.28/rev  superimposed  on  the  1/rev.  Aircraft  pitch' 
ing  motion  also  shows  a  small  response  at  the  same  0.28/rev 
frequency.  There  is  little  response  at  this  frequency  in  wing 
chord  bending  or  torsion. 

Boeing  computer  program  C-39  now  coming  into  use  provides  an 
analytical  capability  to  deal  with  blade  pitch-lag-flap 
oscillations  including  finite  blade  deflections.  Correlation 
studies  with  data  from  this  test  and  previous  test  data  has 
been  initiated  using  Program  C-39. 

Design  Criteria 


Capability  of  the  presently  used  methodology  programs  and  other 
analytical  tools  new  available  for  use  have  been  discussed. 

In  general,  good  correlation  between  test  and  theory  has  been 
obtained.  These  analytical  programs  can  be  used  as  tools  in 
the  design  of  stowed  tilt-rotor  vehicles  to  meet  the  specified 
design  criteria. 


AIRCRAFT 
PITCH  +.5° 


BLADE  FLAP 
+  11  LB.  IN. 


BLADE  CHORD 
+42  LB.  IN. 


BLADE  TORSION 
+  2.  LB.  IN. 

WING  FLAP 
+  2^0  LB. IN. 

WING  CHORD 
+  290  LB.  IN. 


WING  TORSION 
+  110  LB.  IN. 


NOTE:  Oscillation  started  at  q  =  25  psf 

FIGURE  3.48.  BEAT  FREQUENCY  RESPONSE  OSCILLOGRAM 
RIGHT  BLADE  AND  WING,  =  790  RPM 
6  75  =  10.2  DEG.,  02  =  3.5  DEG. 
q  =2.75  PSF,  iN  =  60  DEG., 

1/10  SCALE  DYNAMIC  MODEL 
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The  flight  vehicle  shall  be  free  from  all  instabilities  such 
as  whirl  flutter,  ground/air  resonance,  static  divergence, 
and  blade  pitch-lag-flap  instabilities  at  all  normal  operating 
conditions.  In  addition,  margins  of  safety  on  stability  as 
defined  in  the  specifications  shall  be  provided.  Minimum 
modal  dampings  as  prescribed  in  the  specifications  shall  be 
equaled  or  exceeded. 

3.8.4  Vibration 

For  folding  tilt  rotor  aircraft,  the  initial  rotor  design 
(the  number  of  blades,  tip  speed  in  hover  and  cruise,  blade 
radius,  chord,  twist)  is  usually  dictated  by  performance 
requirements.  Subsequently,  the  rotor  design  must  be  optimized 
to  provide  minimum  vibratory  hub  loads  since  the  vibratory 
response  of  the  aircraft  comes  principally  from  the  rotor 
forcing  functions. 

In  typical  stowed  tilt  rotor  aircraft  the  nacelle/rotor  system 
is  mounted  at  the  wing  tips.  At  prolonged  operating  conditions 
(for  example,  hover  and  cruise)  any  fundamental  wing  or  body 
frequency  coalescence  or  near  coalescence  with  rotor 
frequencies  (per  rev  lines)  should  be  avoided.  By  separating 
the  wing  and  body  frequencies  from  the  rotor  forcing 
frequencies,  the  vibratory  forces  originating  at  the  rotor  hub 
will  tend  to  be  attenuated  before  reaching  the  fuselage. 

Analyses  that  have  been  used  to  successfully  predict  vibration 
characteristics  of  helicopters  can  be  used  to  predict  the 
vibratory  response  of  tilt  rotor  aircraft.  These  analyses 
have  been  proven  to  be  accurate  in  predicting  vibratory 
response  of  aircraft  systems.  Typical  plots  for  forced 
response  to  vibratory  loads  are  shown  on  Figure  3.49  where 
correlation  between  predicted  and  measured  g  levels  and  phase 
angles  at  the  rotor  hub  is  presented  for  the  CH-46  aircraft. 

The  design  of  the  aircraft  shall  be  such  that  freedom  from 
fatigue  resulting  from  vibrations  is  maintained.  A  particular¬ 
ly  critical  area  to  be  examined  in  this  regard  is  the  area  at 
and  near  the  engines.  The  vibration  of  crew  seats  and  other 
items  affecting  crew  comfort  in  the  cockpit  and  at  all  crew 
stations  shall  meet  the  specifications. 


ACCELERATION  -  G's  ACCELERATION 


3.9  CONCLUSIONS 


Structures 


1.  The  correlation  for  blade  loads  is  fair  and  further  improve¬ 
ment  of  the  analytical  methodology  is  being  performed  by 
Boeing  under  USAF  contract. 

2.  Further  testing  for  rotor  blade  loads  is  recommended  with  a 
dynamically  scaled  rotor  rigidly  mounted  in  the  tunnel  to 
separate  out  the  effects  of  unbalance  and  hub  motion  from 
the  basic  blade  loads. 

3.  Critical  design  conditions  for  loads  in  the  rotor  system  are 
the  use  of  cyclic  pitch  for  control  in  hover  and  transition 
Blade  loads  during  spinup,  feather,  fold  and  deploy  are  not 
critical . 

Rotor/Airframe  Dynamics 

4.  Good  correlation  between  aeroelastic  stability  test  and  theory 
has  been  obtained  using  current  methodology. 

5.  Blade  and  wing  frequencies  should  be  designed  away  from 
integer  per  rev  frequencies  under  normal  operating  conditions. 

6.  Under  certain  conditions  tilt  rotor  aircraft  can  develop  a 
limit  cycle  oscillation  apparently  involving  pitch-flap-lag 
coupling  of  the  blade.  Further  investigation  of  this  dynamic 
response  is  required. 

3 . 10  RECOMMENDATIONS 

Structures 


1.  Additional  fold  and  deploy  testing  is  desired  to  define  the 
steady  bending  moments  over  the  mid  and  outboard  portion  of 
the  blade. 

2.  Use  of  advanced  composites  in  the  airframe  should  be  investi¬ 
gated  to  improve  the  payload  fraction  of  the  aircraft  further. 
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Additional  model  testing  is  desired  to  provide  more  data 
for  correlation  of  aeroelastic  stability  boundaries. 

Further  correlation  studies  on  the  blade  pitch-lag-pitch 
limit  cycle  response  observed  during  the  1/10  scale  dynamic 
model  test  be  conducted  using  aeroelastic  stability 
program  C-39. 


4.0  AERODYNAMIC  PREDICTION  TECHNIQUES 


In  the  development  of  the  stowed/tilt  rotor  aircraft  the 
technology  program  objectives  as  stated  previously  are: 

.  Identify  and  evaluate  risks 

.  Put  risk  in  perspective 

Define  design  criteria  approaches  that  minimize  risks 

.  Substantiate  prediction  techniques  that  show  design 

meets  criteria 

This  last  objective  is  addressed  in  this  section.  The  aero¬ 
dynamic  prediction  techniques  that  are  currently  available  to 
define  the  characteristics  of  the  stowed/tilt  rotor  aircraft 
are  summarized  in  this  section.  These  techniques  are  employed 
to  predict  the  characteristics  of  the  wind  tunnel  models 
utilized  in  Test  Programs  II  and  IV  and  are  compared  with  the 
test  data  to  indicate  the  degree  of  correlation.  In  the  major 
flight  modes  there  will  be  a  discussion  of  the  impact  on  the 
total  aircraft  capability  resulting  from  any  significant 
difference  between  theory  and  test  data. 

4.1  HOVER  PERFORMANCE 

In  the  development  of  the  stowed/tilt  rotor  aircraft  many 
analytical  methods  have  been  developed.  These  analyses  are 
an  adaptation  of  existing  analytical  methods  or  in  certain 
instances  a  development  of  a  prediction  technique  specifically 
oriented  to  the  stowed/tilt  rotor.  Hover  performance  is 
predicted  by  an  adaptation  of  techniques  developed  for  appli¬ 
cation  to  helicopter  rotors  and  v/STOL  propellers.  These 
are  shown  to  be  equally  accurate  in  predicting  the  performance 
of  a  stowed/tilt  rotor  aircraft  with  highly  twisted  rotors. 

Hover  performance  for  the  aircraft  is  obtained  by  predicting 
the  performance  of  the  isolated  rotor;  defining  the  download 
on  the  airframe,  and  integrating  both  of  these  to  obtain 
total  aircraft  performance. 

4.1.1  Hover-Rotor  Performance 

Performance  of  the  isolated  rotor  is  calculated  by  the  procedure 
described  in  detail  in  Reference  4.1.  A  brief  synopsis  is 
presented  here.  This  analysis  of  propeller  and  rotor  performance 
in  axial  flow  uses  an  explicit  vortex  influence  technique  to 
define  the  thrust,  power  and  radial  distribution  of  aerodynamic 
loading  on  a  rotor  or  propeller  of  arbitrary  planform,  twist. 


and  radial  variation  of  airfoil  characteristics,  it  is  appli¬ 
cable  to  static  operation  (hover)  or  in  axial  flight  (airplane 
cruise  mode),  for  rotor  blades  with  square  tips. 

Each  rotor  blade  is  treated  as  a  rotating,  lifting  line,  trailing 
a  vortex  wake  which  is  mathematically  approximated  by  a  finite 
number  of  concentrated  vortex  filaments.  The  radial  distribution 
of  aerodynamic  load  on  the  blades  determines  their  strength  and 
geometry.  When  these  parameters  are  established,  the  radial  var¬ 
iation  of  induced  velocity  can  be  computed.  An  iterative  proce¬ 
dure  is  followed  to  make  the  induced  flow  and  the  aerodynamic 
loading  mutually  consistent. 

For  adequate  prediction  of  hover  performance,  slipstream  acceler¬ 
ation  and  contraction  must  be  accounted  for  in  the  establishing  of 
the  geometry  of  the  vortex  system  trailed  by  the  blades.  This 
analysis  includes  the  effects  of  thrust  coefficient  on  the  slip¬ 
stream  acceleration  as  determined  by  analytical  studies  of 
finite-core  vortex  ring  flows  and  empirically  by  correlation  of 
calculated  and  measured  propeller  static  performance. 

Airfoil  sections  for  the  blade  may  be  specified  at  ten  radial 
stations.  The  associated  aerodynamic  characteristics  utilized  in 
this  analysis  are  described  in  Reference  4.2. 

Substantial  correlations  have  been  performed  to  date  with  pro¬ 
pellers  of  different  size  and  shape.  The  results  from  these 
correlations  are  reported  in  Reference  3.2  and  5.8  for  both  cruise 
and  hover  flight. 

Presented  in  Figure  4.1  is  a  comparison  of  rotor  performance  from 
tests  of  the  1/10  scale  Model  160  Tilt  Rotor  aircraft  tested  in 
Test  Program  II  with  analysis.  The  model  rotor  is  operating  out 
of  ground  effect  at  a  Reynolds  number  of  0.6  to  0.9  x  10®  at  the 
three-quarter  radius.  The  variation  of  rotor  thrust  coefficient 
with  power  coefficient  at  a  rotor  speed  of  2000  rpm  and  variable 
collective  is  shown.  The  agreement  is  very  good.  Figures  4.2 
and  4.3  present  the  variation  of  the  rotor  thrust  and  power  co¬ 
efficient  with  blade  collective  at  the  three-quarter  radius  0.75)  . 
The  agreement  with  the  trend  with  collective  is  good  but  there 
appears  to  be  a  difference  of  one  degree  between  the  right  rotor 
test  data  and  the  theory.  This  difference  is  about  the  setting 
accuracy  of  the  blade  collective  on  the  model.  Data  obtained  at 
14  degrees  blade  collective  shows  some  deviation  from  the  trend 
established  by  the  theory  while  there  is  excellent  agreement  at 
7,  10  and  18  degrees  blade  collective. 
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ROTOR  THRUST  COEFFICIENT 


FIGURE  4.1:  COMPARISON  OF  TEST  DATA  AND  PREDICTION  OF  ROTOR 
THRUST/POWER  COEFFICIENT  VARIATION  IN  HOVER 
OUT-OF-GROUND  EFFECT,  2000  RPM  (ISOLATED  ROTOR) 
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ROTOR  POWER  COEFFICIENT 
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FIGURE  4.3.  COMPARISON  OF  TEST  DATA  AND  PREDICTION  OF  ROTOR 
POWER  COEFFICIENT/COLLECTIVE  VARIATION  IN  HOVER 
OUT-OF-GROUND  EFFECT,  2000  RPM  (ISOLATED  ROTOR) 
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Since  these  data  were  presented  at  a  rotor  speed  of  2000  rpm, 
it  is  necessary  to  establish  the  capability  of  the  prediction 
method  to  adequately  account  for  the  variation  in  Mach  number 
resulting  from  rpm  changes.  Figure  4.4  shows  the  degree  of 
correlation  with  the  variation  of  rotor  rpm.  Rotor  thrust 
and  power  coefficient  data  are  presented  for  blade  collective 
angles  of  10  and  14  degrees  at  rotor  speeds  of  1800  to  2600 
rpm.  The  variation  of  predicted  thrust  and  power  agree 
with  the  test  data,  and  as  indicated  in  Figures  4.2  and  4.3, 
there  is  a  shift  of  one  degree  in  blade  collective. 

Test  data  shown  in  Figure  4.4  is  for  single  and  twin  rotor 
operation.  The  solid  line  is  a  fairing  through  the  single 
rotor  data  and  the  dotted  line  is  for  the  same  rotor  for 
twin  rotor  operation.  At  10  degrees  collective  there  is  no 
difference  between  the  single  and  twin  rotor  operation,  indi¬ 
cating  no  rotor  to  rotor  interference,  while  there  is  a 
difference  in  the  thrust  and  power  shown  for  the  14  degrees 
collective.  This  implies  that  there  is  rotor  to  rotor  inter¬ 
ference.  The  rotor  data  presented  in  Figures  4.2  and  4.3, 
however,  indicate  that  the  isolated  rotor  data  at  14  degrees 
collective  is  questionable.  There  is  data  available  at  18 
degrees  collective  but  only  at  one  rotor  speed  (1000  rpm) 
that  show  that  the  thrust  coefficient  of  0.014  for  twin  rotor 
operation  is  the  same  as  single  rotor  operation  and  the 
associated  power  coefficient  is  0.00176  for  both  modes  of 
operation.  This  indicates  that  there  is  no  rotor  to  rotor 
interference  for  this  configuration  which  has  a  rotor  overlap 
of  -23.5  percent. [overlap  =  (1-distance  between  rotor/rotor 
diameter)  100J  .  Reference  4.3  indicates  rotor  to  rotor 
interference  decreases  to  zero  as  rotor  overlap  approaches 
zero  and  this  trend  indicates  that  there  should  be  at  least 
zero  rotor  to  rotor  interference  and  possibly  a  beneficial 
effect  for  negative  overlaps. 

The  test  data  shown  in  Reference  1.5,  Test  Program  II  Analysis 
Report,  Figure  4-14,  for  the  single  rotor  operation  at  14 
degrees  and  the  twin  rotor  operation  at  10  degrees  blade 
collective  are  not  consistent  with  the  majority  of  the  test 
data.  The  probable  cause  is  model  oscillations  producing 
data  system  errors. 
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FIGURE  4.4: 


COMPARISON  OF  TEST  DATA  AND  PREDICTION  OF 
ROTOR  THRUST  AND  POWER  COEFFICIENT/ROTOR 
SPEED  VARIATION  IN  HOVER  O.G.E. 
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Rotor  Performance  data  obtained  in  Test  Program  II  are  presented 
in  Figure  4.5,  for  the  following  three  configurations: 


•  Wing  with  umbrellas  closed  and  zero  flap  deflection 

•  Wing  with  umbrellas  closed  and  60  degree  flap  deflection 

•  Wing  with  umbrellas  open  and  70  degree  flap  deflection 

This  indicates  that  wing  configuration  has  no  influence  on 
rotor  performance. 

The  effect  of  ground  height  on  rotor  performance  is  presented 
in  Figure  4.6  as  a  ratio  of  power  in  ground  effect  to  power  out 
of  ground  effect  variation  with  rotor  height/diameter  ratio. 

A  limited  amount  of  testing  was  performed  in  Test  Program  II 
at  various  ground  heights  but  the  random  nature  of  the  test 
data  indicates  that  model  motions  have  influenced  the  perfor¬ 
mance  trends  and  rendered  it  useless.  Additional  testing 
should  be  performed  to  obtain  more  data  for  a  highly  twisted 
rotor  and  substantiate  the  trend  indicated  in  Figure  4.6  for 
rotors  with  a  small  amount  of  blade  twist. 

4.1.2  Hover  Download 


The  second  major  factor  affecting  aircraft  hover  performance  is 
download.  A  tilt  rotor  aircraft  develops  its  lift  in  cruise 
from  a  wing  and  its  propulsive  force  from  the  rotors  mounted 
on  the  wing  tips.  To  hover,  the  rotors  are  tilted  up  90  degrees 
to  provide  vertical  thrust,  but  the  rotors  are  directly  over 
the  wing  resulting  in  a  download  or  thrust  penalty.  Download 
is  a  vertical  drag  that  is  a  function  of  the  drag  coefficient 
of  the  configuration,  exposed  area,  and  the  slipstream  dynamic 
pressure,  which  is  directly  dependent  on  thrust.  Dividing  the 
vertical  drag,  or  download,  by  thrust  results  in  a  ratio  that 
is  dependent  only  on  the  product  of  the  drag  coefficient,  the 
exposed  area  and  a  constant  which  is  developed  as  follows: 


Download  =  Vertical  Drag  =  Cj^qgS, 


where  qs  is  the  slipstream  dynamic  pressure  and  varies  radially 
and  is  a  function  of  rotor  thrust.  Therefore, 

p  2 

,  „  /*CD  1/2  pV  dS 

Download.  |  UD 

Thrust  ~  T 

Thrust  for  two  rotors  is  equal  to  4j>TrRlVQ  where 

Vq  is  the  ideal  induced  velocity  and  dS  =  exposed  wing  chord  XdR 


107 
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Effect  of  Ground  Proximity  on  Rotor  Power 


which  results  in  the  following: 

p 


Download  =  DP 
8  ir 


CR 

i2-  J  v0 


The  integral  in  the  above  equation  is  the  area  under  the  curve 
of  the  downwash  velocity  ratio  profile  versus  percent  radius 
as  shown  in  Figure  4.7. 

Cn  C(2.75) 

t“\  Vn 


Therefore  2-  = 
T 


8  Tr{2 . 75) 


(8.52)  =  .123  CT 


Using  the  drag  coefficient,  CD  =  1.2  with  zero  flap  deflection 
from  Reference  4.3  and  the  model  chord  of  .857  ft,  the 
resulting  download  to  thrust  ratio  is  0.127  as  compared  to 
a  measured  value  of  0.128.  Prediction  of  the  download  to 
thrust  variation  with  various  flap  deflection  and  umbrella 
angles  requires  definition  of  the  drag  coefficient  for  the 
specific  configuration  under  consideration.  For  the  Model  160 
the  empirical  download  drag  coefficients  are  presented  in 
Figure  4.8.  Utilizing  these  data,  the  download  to  thrust  ratio 
for  flap  deflections  of  zero  to  80  degrees  with  umbrellas 
closed  and  open  were  calculated  by  the  method  just  described 
and  is  presented  in  Figure  4.9.  The  agreement  with  the  test 
data  is  good.  It  is  recommended  that  this  method  and  empirical 
drag  data  be  used  for  first  cut  preliminary  design  studies 
prior  to  obtaining  the  data  from  wind  tunnel  testing  for  the 
specific  configuration  under  consideration. 


To  predict  the  download  to  thrust  variation  that  results  from 
varying  the  upper  umbrella  flap  angle,  the  variation  in  chord 
and  CD  are  used.  Examining  the  geometry  of  the  Model  160 
umbrellas  indicates  that  there  is  no  influence  on  the  slot 
between  the  wing  and  lower  umbrella  until  an  angle  of  70°  is 
obtained  on  the  upper  flap.  Therefore,  the  exposed  chord  and 
the  download  drag  coefficient  will  not  change  for  the  range 
tested  in  Test  Program  II.  Therefore,  the  download/thrust 
ratio  prediction  is  constant  as  shown  in  Figure  4.10.  The 
download/thrust  value  of  0.06  at  90°  upper  umbrella  angle  is 
from  a  run  which  is  questionable  as  indicated  in  the 
discussion  on  rotor  performance. 


The  effect  of  ground  height  on  hover  download  is  presented  in 
Figure  4.11.  This  shows  that  as  the  aircraft  height  is 
decreased  the  download/thrust  ratio  is  reduced  until  it  is 
zero  at  a  rotor  height  to  diameter  of  0.66.  As  the  aircraft 
is  brought  to  a  height  equivalent  to  zero  wheel  height,  there  is 
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FIGURE  4.7:  DOWNWASH  VELOCITY  PROFILE 
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FIGURE  4.8: 
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an  upload  on  the  fuselage  and  wing  which  appears  to  be  the 
result  of  the  rotor  downwash  creating  a  pressure  pad  under  the 
fuselage.  No  methodology  exists  presently  for  predicting  this 
effect  and  this  is  an  area  requiring  further  testing  to  obtain 
pressure  data  on  the  fuselage  and  wing. 

4.1.3  Hover-Aircraft  Performance 

These  prediction  techniques  were  combined  to  estimate  the 
total  aircraft  hover  capability  shown  in  Figure  4.12 
for  the  aircraft  with  the  flaps  and  umbrellas  deflected. 
Accounting  for  the  difference  in  performance  characteristics 
between  the  right  and  the  left  rotor  the  agreement  is  very 
good.  There  is  a  slight  deviation  at  the  lower  gross  weight 
coefficient  which  is  in  the  lower  RPM  range  and  well  below 
the  normal  hover  RPM  operation  for  the  full  scale  aircraft. 


FIGURE  4.12 


EFFECT  OF  UMBRELLA  &  FLAP  ANGLE  ON  TOTAL 
AIRCRAFT  HOVER  PERFORMANCE 


4.2  TRANSITION  PERFORMANCE 


The  transition  mode  refers  to  operation  out-of-ground  effect  from 
hover  to  the  cruise  regime.  The  nacelles  rotate  from  90  degrees 
incidence  (ijj)  to  zero  degrees  incidence.  During  this  flight 
regime,  the  rotor  has  a  significant  influence  on  the  aircraft 
performance  since  it  provides  part  of  the  lift  as  well  as  all  the 
propulsive  force. 

4.2.1  Rotor  Performance  in  Transition 

Rotor  performance  prediction  techniques  used  for  transition  have 
been  developed  for  the  helicopter  rotor  flight  regimes  and  are 
applicable  to  tilt  rotor  operation  in  transition.  Reference  4.5, 
the  Rotor  Airloads  and  Performance  Analysis  with  Non-Uniform  In¬ 
flow,  describes  this  prediction  method  in  detail.  A  brief  de¬ 
scription  will  be  included  here.  This  analysis  computes  the 
airloads,  performance  and  flapping  equilibrium  of  props  and 
rotors  in  steady  forward  flight.  The  rotor  geometry  may  be  of 
arbitrary  planform,  twist  and  radial  variation  of  airfoil  char¬ 
acteristics.  This  analysis  determines  a  simplified  solution  util 
izing  a  uniform  downwash  approach  based  on  momentum  theory.  The 
blade  circulations  and  flapping  angles  are  then  defined  and  are 
used  to  generate  the  geometry  and  to  calculate  the  induced  veloc¬ 
ities  from  the  trailed  vortex  system.  The  trailed  vortex  system 
is  nondistorted  by  vortex-to-vortex  interactions  and  does  not 
contract.  After  this,  the  equations  of  motion  are  once  again 
solved  using  the  influence  of  non-uniform  induced  inflows.  An 
option  available  with  this  program  is  the  capability  of  imposing 
circulations  on  the  rotor  resulting  from  the  proximity  of  another 
rotor  or  a  wing. 

Using  this  analysis,  the  rotor  performance  was  calculated  for 
the  1/10  scale  Model  160  Wind  Tunnel  Model  that  was  tested  in 
Test  Program  II.  Figure  4.13  presents  the  rotor  thrust  coef¬ 
ficient  variation  with  fuselage  angle  of  attack  for  nacelle 
incidence  values  of  70  and  45°  that  was  used  as  input  into  the 
program.  Including  the  circulation  developed  by  the  wing  as 
additional  input,  the  rotor  characteristics  were  then  deter¬ 
mined.  Rotor  power  coefficient/angle  of  attack  variation 
is  presented  in  Figure  4.14.  The  agreement  between  the 
prediction  and  test  data  is  very  good.  Total  rotor  hub 
moments  were  also  predicted  and  the  comparison  with  test  data 
shown  in  Figure  4.15  indicates  fair  agreement.  The  slope  is 
lower  than  the  test  data  but  is  exactly  the  same  at  zero 
fuselage  angle  of  attack.  Further  correlation  must  be  done 
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ROTOR  THRUST  COEFFICIENT 


to  determine  the  cause  :  r  this  difference  but  since  trans¬ 
ition  will  be  flown  with  r.  fuselage  angle  of  attack  of  approxi 
mately  zero,  the  performance  and  trim  defined  by  this  analysis 
will  be  accurate. 

4.2.2  Rot  or  /Air  frame  Interactions  in  Transition 


In  the  transition  regime,  the  high  rotor  induced  velocity  and 
rotor  shaft  angles  have  a  significant  impact  on  the  local 
angle  of  attack  of  the  wing  and  possibly  have  some  impact  on 
the  tail  and  fuselage  contribution  to  the  airframe  characteris¬ 
tics.  This  effect  results  in  a  shifting  of  the  airframe  lift 
by  an  incremental  angle  of  attack  equal  to  the  average  downwash 
over  the  wing. 

The  aircraft  lift  data  are  presented  in  Figures  4.16  and  4.17 
for  the' 70  and  45  degree  nacelle  incidence.  At  70  degrees, 
the  rotor  downwash  effect  indicated  by  the  shaded  area  has 
displaced  the  airframe  lift  curve  by  approximately  6  degrees 
as  a  result  of  the  downwash.  At  45  degrees  nacelle  incidence, 
the  airframe  lift  curve  is  displaced  by  approximately  3  degrees 
at  zero  lift  but  decreases  as  the  angle  of  attack  is  increased. 
This  increase  in  lift  curve  slope  appears  to  be  thr  *esult  of 
the  increase  in  local  dynamic  pressure  over  the  wing  produced 
by  the  rotor.  This  also  accounts  for  the  increase  ?\  s  iximum 
lift  coefficient  to  2.0. 

The  displacement  of  the  lift  curve  at  70  degrees  and  45  degrees 
nacelle  incidence  is  approximately  the  same  as  the  downwash 
angle  defined  by  the  induced  velocity  through  the  rotor  disc 
and  the  free-stream  velocity. 

4.2.3  Aircraft  Performance  in  Transition 

Testing  was  performed  in  transition  at  nacelle  incidence  values 
of  70,  45  and  0  degrees  with  60  degrees  flap  deflection.  This 
total  aircraft  performance  obtained  in  Test  Program  II  is 
presented  in  Figures  4,18  through  4.20.  No  correlation  has 
been  performed  but  since  the  rotor  performance  and  the  rotor- 
airframe  interactions  are  known,  it  is  reasonable  to  infer 
that  these  data  would  be  predicted  with  good  agreement. 
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4.3  CRUISE  PERFORMANCE  IN  TILT  ROTOR  MODE 


The  cruise  mode,  as  discussed  here,  will  refer  to  operation  with 
the  nacelle  incidence  of  zero  and  the  rotors  in  axial  flight.  In 
this  flight  regime,  the  rotors  have  a  major  impact  on  the  aircraft 
stability  and  performance  in  that  they  are  larger  and  more  flexi¬ 
ble  than  conventional  propellers .  Both  these  factors  can  greatly 
affect  the  rotor  performance  and  gust  sensitivity. 

4.3.1  Rotor  Performance  in  Cruise 

The  prediction  method  used  for  cruise  is  the  same  as  described 
in  Section  4.2.1.  A  comparison  of  the  predicted  rotor  perform¬ 
ance  with  test  data  is  shown  in  Figures  4.21  and  4.22.  For  the 
rotor  thrust  variation  with  angle  of  attack  defined  in  Figure 
4.21,  the  resulting  rotor  power  predicted  is  shown  in  Figure  4.22. 
As  with  transition,  the  agreement  is  very  good  and  indicates  that 
the  prediction  technique  is  satisfactory  for  both  regimes  of 
flight. 

4.3.2  Rotor /Air  frame  Interactions  in  Cruise 

The  rotor  influence  on  the  airframe  is  very  small  since  the 
thrust  is  very  low  in  comparison  to  hover  and  transition.  The 
increment  in  dynamic  pressure  over  the  wing  is  very  low  and  re¬ 
sults  in  no  increase  in  airframe  lift.  Also,  the  rotor  wake  does 
not  influence  the  horizontal  tail  and  its  contribution  to  stabil¬ 
ity  over  the  range  tested.  Figure  4.23  presents  the  incremental 
aircraft  pitching  moment  coefficient  obtained  with  the  rotors  on 
and  also  the  rotors  off.  There  is  no  difference  in  the  two  sets 
of  data;  therefore,  the  rotor  does  not  influence  the  airframe  or 
the  horizontal  tail  over  the  range  tested  because  of  the  very  low 
induced  velocity  compared  with  free-stream  velocity  in  cruise. 

4.3.3  Aircraft  Performance  in  Cruise 


When  determining  the  aircraft  performance  and  stability  in 
cruise,  it  is  important  to  correctly  predict  the  airframe  char¬ 
acteristics.  These  characteristics  are  not  different  from  those 
for  a  conventional  fixed  wing  airplane.  Airframe  lift  and  drag 
characteristics  were  obtained  with  the  rotors  removed  in 
Test  Program  II  and  are  presented  in  Figure  4.24.  Prediction 
of  the  airframe  lift  variation  with  angle  of  attack  was  made 
using  the  methods  presented  in  DATCOM,  Reference  4.6.  The 
prediction  agrees  reasonably  well  with  the  test  data. 

Predictions  of  the  airframe,  the  prop/rotor  and  tail  contri¬ 
butions  to  total  aircraft  pitching  moment  characteristic  were 
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made  and  are  compared  to  test  data  in  Figure  4.25.  The  air¬ 
frame  components  were  predicted  by  the  methods  defined  in 
DATCOM,  Reference  4.6.  Airframe-minus- tail  pitching  moment 
prediction  of  3Cpm/3a  =  0.011  is  lower  than  that  obtained  from 
test,  3CpM/3a  =  0.018.  Further  analysis  must  be  made  to 
determine  the  cause  of  this  difference.  The  contribution  of 
the  horizontal  tail  to  total  aircraft  stability  (3CpM/3“)is 
0.052  per  degree  as  predicted  by  the  methods  defined  in  DATCOM. 
Adding  this  increment  to  the  airframe-minus- tail  test  data 
results  in  excellent  agreement  with  the  airframe  test  data. 

This  indicates  that  the  tail  characteristics  as  well  as  the 
wing  downwash  are  correctly  accounted  for.  The  rotor  contri¬ 
bution  was  defined  by  the  isolated  rotor  characteristics  as 
discussed  in  Reference  4.7  increased  by  the  empirical  circu¬ 
lation  effects  defined  in  Reference  1.5.  This  results  in  good 
agreement  with  the  total  model  data. 

Aircraft  performance  test  data  were  obtained  in  Test  Program  II 
and  are  presented  in  Figures  4.26  through  4.28  showing  the 
aircraft  lift  versus  angle  of  attack,  propulsive  force  and  rotor 
power.  No  correlation  work  has  been  performed  but  with  the 
agreement  in  the  airplane  and  rotor  performance  characteristics 
described  earlier,  the  correlation  will  be  good. 
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4.4  CONVERSION  PERFORMANCE 

When  the  transition  is  completed,  nacelle  incidence  is  zero 
and  conversion  can  be  made  from  the  tilt  rotor  cruise  mode  to 
the  stowed  rotor  cruise  configuration.  Conversion  is  initiated 
by  reducing  collective  and  power  to  the  rotor,  thus  operating 
in  the  steady  windmilling  state.  The  second  regime  of  opera¬ 
tion  in  conversion  is  the  feathering  of  the  rotor  by  rapidly 
increasing  the  collective  and  slowing  down  the  rotor  speed  to 
zero.  Blade  folding  is  the  final  step  in  the  conversion  to  the 
cruise  configuration  where  the  blades  are  retracted  back  onto 
the  nacelle.  The  reverse  procedure  is  employed  in  the 
conversion  to  the  tilt  rotor  configuration.  This  section  will 
present  the  comparison  of  the  test  data  from  Test  Program  III 
with  the  prediction  techniques  for  these  three  regimes  of 
operation. 


4.4.1  Steady  Windmilling  Performance 


Steady  windmilling  is  the  mode  of  rotor  operation  at  the  end 
of  transition  before  conversion  is  made  to  the  cruise 
configuration.  Steady  windmilling  is  defined  as  the  specific 
combination  of  forward  speed  and  blade  collective  that  produces 
a  steady  rotor  speed  for  zero  rotor  torqqe.  A  rapid  prediction 
technique  has  been  developed  during  this  contract  that  calcu¬ 
lates  rotor  forces  and  RPM  under  feathered,  windmilling  and 
transient  operation.  It  has  been  programmed  for  computer 
operation  and  is  designated  "Windmill".  It  is  described  in 
detail  in  Reference  4.4  and  a  brief  summary  of  it  is  presented 
here.  The  basic  inputs  define  the  flight  condition,  rotor 
geometry,  airfoil  aerodynamic  characteristics,  blade  collective, 
and  RPM.  For  the  specified  RPM  and  collective  the  angle  of 
attack  distribution  along  the  blade  is  calculated  to  define 
the  lift  and  drag  radially.  These  forces  are  integrated  to 
define  the  torque  and  the  rotor  drag.  For  steady  windmilling 
operation,  a  range  of  collectives  must  be  used  to  establish 
drag  and  torque  variation  with  collective,  and  thus,  co  obtain 
the  correct  collective  and  rotor  drag  for  zero  torque  at  the 
specified  RPM.  If  the  RPM  is  input  as  zero,  as  for  a  feathered 
blade,  the  program  will  automatically  check  the  calculated 
torque,  if  it  is  not  zero  the  collective  is  changed  until  zero 
torque  is  achieved.  The  collective  and  the  rotor  drag  are  then 
defined. 
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Utilizing  this  prediction  technique,  the  blade  collective 
variation  with  RPM  in  steady  windmilling  was  defined  at  forward 
speeds  of  85  and  113  FPS  and  compared  with  test  data  in 
Figure  4.29.  The  prediction  shows  good  agreement  with  the 
test  data.  Rotor  drag  variation  with  RPM  obtained  from  theory 
and  test  data  for  forward  speeds  of  85,  11  and  141  FPS  in 
steady  windmilling  is  presented  in  Figure  jO.  The  prediction 
agrees  well  with  test  data  at  zero  RPM  (feathered  blades)  and 
above  700  RPM.  At  lower  RPM,  for  113  and  141  FPS  forward 
speed  the  prediction  is  low  but  this  is  in  the  region  where 
the  aircraft  will  not  be  operating  in  steady  windmilling. 

Since  the  aerodynamic  characteristics  of  the  blade  define  the 
relationship  between  the  rotational  speed  and  the  forward 
speed  that  produces  zero  torque,  this  relationship  should 
produce  a  unique  trend  of  blade  collective  with  advance  ratio 
(U) ,  the  ratio  of  forward  speed  to  rotor  tip  speed.  Figure 
4.31  shows  that  the  variation  of  blade  collective  with  advance 
ratio  does  form  a  single  trend. 

Included  on  Figure  4.31  is  a  prediction  of  the  blade  collective 
with  advance  ratio  that  had  been  developed  as  part  of  the 
pretest  predictions.  The  predictions  are  indicated  by  the  X 
symbols  and  show  good  agreement  with  the  test  data. 

Since  there  is  a  single  trend  of  blade  collective  with  advance 
ratio  there  must  be  an  associated  trend  in  rotor  thrust 
coefficient  for  steady  windmilling  operation.  Figure  4-32 
presents  the  rotor  thrust  coefficient  variation  with  advance 
ratio  for  forward  speeds  of  85,  113  and  141  FPS  for  flap 
deflections  of  0,  15  and  30  degrees.  The  test  data  reduces 
to  a  unique  trend  and  also  indicates  that  the  change  in 
circulation  from  <$F  =  30°  to  SF  =  0°  flap  deflection  does  not 
have  a  significant  effect  on  rotor  axial  force. 

The  variation  in  wing  circulation  does  not  appear  to  have  a 
significant  effect  on  rotor  thrust  in  steady  windmilling  but 
the  rotor  influence  on  the  airframe  characteristics  can  be 
seen  in  Figures  4.33  and  4.34.  Rotor  interference  produces  an 
increment  in  aircraft  lift  coefficient  of  0.03  for  both  0°  and 
30°  flap  deflection  as  shown  in  Figure  4.33.  Pitching  moment, 
is  also  influenced  by  the  rotor  as  indicated  in  Figure  4.34. 
There  is  a  -0.06  change  in  aircraft  pitching  moment  coefficient 
for  0°  flap  deflection  and  a  -0.014  change  for  30°  flap 
deflection.  This  decrease  in  pitching  moment  indicates 
that  there  must  be  a  change  in  the  zero  lift 
pitching  moment  and  lift  coefficient  resulting  from 
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FIGURE  4.33  AIRFRAME  LIFT/ANGLE  OF  ATTACK  VARIATION 
FOR  FLAP  DEFLECTIONS  OF  0°  AND  30° 
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the  rotor  influence  on  the  flow  about  the  wing.  The  total 
aircraft  performance  in  steady  windmilling  is  presented  here 
for  a  level  fuselage  attitude  and  a  flap  deflection  of  30°. 

This  configuration  is  representative  of  one  "g"  cruise  at 
200  knots  where  conversion  would  be  initiated.  The  rotor 
contribution  to  total  aircraft  drag  in  steady  windmilling  is 
large  and  increases  the  airframe  drag  by  approximately  0.07 
as  indicated  in  Figure  4.35.  The  prediction  of  the  aircraft 
drag  is  excellent  from  715  RPM,  which  is  the  RPM  recommended 
to  initiate  the  feather  procedure,  to  950  RPM  which  was  the 
maximum  tested. 

4.4.2  Spinup  and  Feather  Performance 

The  second  regime  of  operation  in  conversion  is  the  spinup  and 
feather  of  the  rotor.  This  is  the  process  of  bringing  the 
rotor  up  to  speed  from  the  feathered  condition  or  slowing  down 
the  rotor  from  the  windmilling  condition.  It  is  achieved  by  an 
exchange  of  energy  between  the  airstream  and  the  rotor.  The 
rotor  takes  energy  from  the  airstream  to  accelerate  in  the 
spinup  and  therefore  there  is  a  transient  drag  force  produced. 
Energy  is  given  up  to  the  airstream  during  the  feather 
operation  resulting  in  a  transient  propulsive  force.  The 
schedule  of  the  blade  collective  pitch  variation  with  time 
defines  the  magnitude  of  the  transient  drag  or  propulsive 
force.  A  0.1  "g"  peak  transient  force  was  adopted  as  a  goal 
to  maximize  the  ride  qualities  of  the  vehicle  and  as  shown  in 
Reference  1*6  can  be  met  without  undue  sophistication. 

Prediction  of  the  rotor  characteristics  during  the  transient 
spinup  and  feather  is  accomplished  with  the  "Windmill"  analysis. 
This  analysis  described  in  the  previous  section  will  also 
calculate  the  rotor  force,  torque  and  RPM  for  any  desired 
collective  variation  with  time.  This  schedule  with  time 
defines  the  acceleration  of  the  rotor  with  its  specified  polar 
moment  of  inertia.  The  force  required  to  achieve  this 
acceleration  is  then  solved  by  a  4th  order  Runge  Kutta  numerical 
method.  The  resulting  force,  torque  and  RPM  schedule  with  time 
is  then  obtained  for  the  prescribed  collective  schedule. 

Figure  4  .36  presents  the  RPM  and  rotor  drag  variation  predicted 
by  this  analysis  for  the  prescribed  6.0  second  parabolic  collec¬ 
tive  schedule  in  comparison  with  test  data  from  Test  Program  III. 
There  is  a  slight  difference  in  the  rotor  RPM.  The  rotor  drag 
shows  a  trend  very  similar  to  the  test  data  with  some  difference 
between  0.5  and  3.0  seconds  but  in  good  agreement  during  the 
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re  .  f  the  transient.  The  region  of  non-agreement  is  in  the 

1  kP.;'  range  and  could  possibly  be  the  influence  of  Reynolds 

: :T ’/ •  r  jn  the  test  data. 

A  comparison  of  test  data  and  theory  for  feather  is  presented 
i.i  Figure  4.37.  This  again  indicates  that  the  prediction 
agrees  with  the  test  data  over  the  major  portion  of  the 
transient.  For  both  feather  and  spinup,  the  peak  drag  variation 
is  slightly  cverprecticted. 

4.4.3  Folding  and  Deployment  Performance 

The  third  regime  -f  the  conversion  is  the  blade  fold  and 
deployment  wh .  h  the  process  of  folding  the  blades  from  the 
feathered  position  into  the  wing  tip  nacelle.  As  the  blades 
are  folded,  the  total  aircraft  drag  is  reduced.  The  flatwise 
blade  folding  method  was  recommended  in  Reference  1.6  and  the 
associated  variation  of  total  aircraft  drag  with  blade  fold 
angle  is  presented  in  Figure  4.38.  The  rotor  drag  increment 
is  shown  as  the  shaded  area  which  decreases  almost  linearly 
to  the  rotors  off  drag  level  at  30  degrees  blade  fold  angle. 
There  is  no  change  in  drag  until  15  degrees,  where  the  blade 
is  then  rotated  to  the  flatwise  position  and  the  aircraft  drag 
coefficient  is  reduced  an  additional  0.01.  This  additional 
increment  is  a  result  of  the  blades  improving  the  aerodynamic 
contour  of  the  nacelle.  The  model  nacelles  have  flat  areas 
for  the  blades  to  fit  on  and  a  small  step  aft  of  where  the 
folded  blades  would  be  to  achieve  a  relatively  smooth  contour 
in  the  folded  configuration.  The  folded  blade  improved  the 
contour  of  the  nacelle  and  thereby  reduced  the  drag.  The 
recommended  methodology  is  to  linearly  decrease  the  rotor  blade 
drag  to  zero  at  30°  blade  fold  angle  and  account  for  an 
aircraft  drag  coefficient  increment  of  0.01  resulting  from 
flatwise  folding  improving  the  nacelle  contour. 
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4.5  CONCLUSIONS 


1.  Rotor/aircraft  performance  is  well  predicted  by  current 
methodology. 

2.  Provision  of  leading  edge  umbrella  flaps  and  high  angle 
trailing  edge  flaps  can  reduce  hover  download  by  60%. 

3.  Rotor  spinup  and  feather  can  be  performed  in  10  sec.  with 
less  than  O.lg  acceleration  or  decelration  of  the 
aircraft. 

4.  Airplane  drag  for  high  speed  cruise  is  minimized  by 
folding  the  blades  flatwise  rather  than  edgewise. 

4.6  RECOMMENDATIONS 

1.  Use  of  improved  airfoils  to  improve  hover  Figure  of  Merit 
and  rotor  lift  capability  is  recommended.  An  airfoil 
such  as  the  Boeing  VR-5  can  improve  the  lift  capability 
by  more  than  25%  together  with  an  increase  in  the  Figure 
of  Merit. 

2.  Descent  boundaries  including  autorotation  should  be 
investigated  by  analysis  and  additional  model  testing. 


5.0  STABILITY  AND  CONTROL 


5.1  EFFECTS  OF  ROTOR  FLEXIBILITY  ON  AIRCRAFT  STABILITY 

In  hover,  transition,  and  tilt  rotor  mode  cruise  flight  the 
large  flexible  rotors  have  a  dominating  influence  on  aircraft 
stability.  The  effect  of  rotor  blade  flexibility  on  the  rotor 
contribution  is  large  and  stems  from  two  effects,  out-of-plane 
flexibility  and  in-plane  flexibility.  A  brief  discussion  of 
these  effects  is  included  here  to  introduce  the  experimental 
data  obtained  from  the  four  tests. 

5.1.1  Out-of-Plane  Flexibility 

The  dominant  terms  in  the  rotor  moment  derivatives  are 
functions  of  centrifugal  force  and  blade  flap  bending  stiffness 
which  result  from  out-of-plane  flapping,  Reference  4.7. 
Theoretical  examples  of  the  rotor  stability  derivative  varia¬ 
tions  with  blade  flap  frequency  and  Locke  number  are  shown  in 
Figure  5.1.  These  parameters  have  strong  effects  on  blade 
flap  response  and  the  rotor  derivatives.  In  hover  the  in-plane 
force  used  for  yaw  control  results  mainly  from  tip  path  plane 
tilt  (flapping) .  In  cruise  the  in-plane  force  is  mainly  due 
to  the  first  harmonic  components  of  blade  induced  drag  which, 
being  dependent  on  the  one  per  rev  blade  angles  of  attack, 
is  strongly  influenced  by  blade  flapping. 

The  test  rotor  of  Reference  1.5  is  relatively  stiff  both  in¬ 
plane  (wL/fi  >  2.0)  and  out-of-plane  (Wp/ft*i.6)with  a  rotor 

blade  Locke  number  about  the  equivalent  flap  hinge  of  17.28. 

The  data  obtained  from  this  model  cannot  be  scaled  directly 
to  full  scale  without  the  use  of  analyses  which  account  for  the 
effects  of  frequency  and  Locke  number.  The  rotor  designed  for 
the  Model  213  is  of  the  soft  in-plane  type  and  therefore  the 
influence  of  lag  frequency  must  also  be  considered  in  all 
rotor  derivative  calculations. 

5.1.2  Inplane  Flexibility 

The  inplane  motion  of  the  rotor  blade  contributes  to  the  blade 
out-of-plane  response  through  the  mechanism  of  elastic, inertial 
and  aerodynamic  coupling.  These  effects  are  extremely  large 
at  operating  rpm  close  to  the  lag  frequency  of  the  blades  and 
have  a  favorable  effect  on  the  rotor  stability  derivatives. 

The  change  in  blade  out-of-plane  response  with  lag  frequency  is 
shown  in  Figure  5.2  together  with  theoretical  stability  deriva- 
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tives  to  illustrate  this  effect. 

The  windmilling  model  of  Reference  1.6  has  a  soft  inplane  rotor 
having  a  lag  frequency  less  than  1.0  per  rev  at  normal  operating 
RPM.  This  test  rotor  is  scaled  from  the  Model  213  design  blade. 

The  impact  of  the  rotor  properties  which  influence  the  out-of¬ 
plane  blade  response  must  be  included  in  any  attempt  to  use  the 
data  obtained  in  the  test  reports,  References  1.4,  1.5,  1.6 
and  1.7,  for  full  scale  calculations. 

5.2  HOVER  REGIME 

Military  specification  MIL-F-8300  (Reference  5.1)  is  used  as  the 
primary  basis  for  discussion  of  tilt  stowed  rotor  flying 
qualities  in  the  hover  regime.  Other  specifications  and  studies 
by  both  .Government  agencies  and  Boeing,  as  noted  in  the  refer¬ 
ences,  are  also  used. 

The  Reference  5.1  specification  defines  minimum  levels  of 
control  sensitivity  (response  per  inch  of  control  motion)  and 
then  defines  minimum  control  power  (response  to  maximum  control 
motion)  by  requiring  essentially  that  one  inch  of  control 
travel  be  available  from  trim  in  the  most  critical  wind  condi¬ 
tion.  It  also  requires  that  response  be  substantially  linear 
with  control  deflections.  Using  conventional  cockpit  control 
travels  and  the  specification  response  per  inch,  this  results 
in  a  much  greater  total  control  power  (especially  in  the  yaw 
axis)  than  is  required  by  the  adverse  wind  trim  plus  one  inch 
of  control  travel.  During  design  studies  of  the  LIT  aircraft, 
Boeing  had  many  discussions  with  USAF,  NASA  and  other  Govern¬ 
ment  agencies  on  total  hover  control  power  requirements  for 
aircraft  in  the  50  -  100,000  lb.  gross  weight  category. 

Fairly  general  agreement  was  reached  on  requirements  about  the 
axes  of: 

2 

Pitch  -  0.6  rad/sec 
Roll  -  1.0  rad/sec2 
yaw  -  0.5  rad/sec 

These  values  are  still  recommended  as  control  power  criteria 
and  in  the  subsequent  section  existing  aircraft  are  evaluated 
against  these  criteria  as  well  as  the  stowed  tilt  rotor 
aircraft. 
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5.2.1  Cyclic  Control 


Cyclic  control  effectiveness  data  were  obtained  in  the  wind 
tunnel  test  of  Reference  1.5.  The  test  data  were  obtained  with 
the  rotor  swashplate  set  to  give  3  degrees  nose-up  cyclic  and 
with  the  control  phase  angle  set  at  65  degrees.  That  is, 
the  swashplate  was  set  so  that  the  zero  longitudinal  cyclic 
pitch  position  was  at  65  degrees  azimuth,  Figure  5.3,  rather 
than  0  degrees  as  for  articulated  helicopter  rotor  phasing. 

This  cyclic  phase  angle  required  for  pure  longitudinal  or 
lateral  control  reflects  the  effects  of  blade  stiffness.  For 
a  rigid  rotor  the  inplane  force  and  hub  moment  are  separated 
by  90  degrees  phase  angle,  i.e.,  the  hub  moment  is  directly 
in  phase  with  the  cyclic  input  and  leads  the  inplane  force  by 

9  0  degrees.  For  a  hinged  rotor  the  hub  moment  and  inplane 
force  are  in  phase  and  both  lag  the  cyclic  input  by  90  degrees. 
The  rotor  blades  tested  in  Reference  1.5  were  not  hinged  but 
were  flexible  but  stiff  inplane.  Thus,  the  phase  angle  between 
hub  moment  and  inplane  force  lay  in  between  that  for  the  rigid 
and  for  the  hinged  rotor.  Data  from  the  test  indicated  a 
phase  difference  of  approximately  45  degrees  as  illustrated 

by  Figure  5.4. 

The  blades  tested  on  this  model  were  stiffer  in  and  out  of 
plane  and  had  a  higher  Locke  number  than  those  proposed  for 
the  full  scale  stowed  tilt  rotor  aircraft.  Data  obtained 
cannot  be  extrapolated  directly  to  full  scale,  but  they  serve 
to  verify  the  prediction  methods  and  lend  credence  to  the 
predictions  for  full  scale  rotor  cyclic  effectiveness  and 
orientation  of  the  force  and  moment  vectors.  Figures  5.5  and 
5.6  illustrate  comparisons  of  test  and  predicted  hub  moment 
and  inplane  force  as  a  function  of  rotor  RPM  for  the  model 
tested.  The  predictions  are  based  upon  the  65  degree  phase 
angle  pitch  input  used  in  the  test  and  indicate  good  prediction 
for  the  moment  data.  The  inplane  force  data  is  approximately 

10  percent  high. 

5.2.2  Yaw  Control 

Yaw  control  is  the  most  difficult  control  requirement  for  the 
tilt  rotor  aircraft  to  meet  in  hover.  Yaw  control  is  obtained 
by  using  differential  longitudinal  cyclic  pitch.  This  control 
input  will  be  phased  to  provide  a  maximum  inplane  force  along 
the  rotor  x-axis  because  yawing  moment  results  only  from  the 
inplane  force  times  the  distance  from  the  force  vector  to  the 
center  of  gravity  of  the  aircraft.  Pitching  moment  is  obtained 
from  the  addition  of  hub  moment  and  the  moment  resulting  from 
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the  inplane  force.  Figure  5-7  illustrates  the  effect  of  cyclic 
pitch  on  yaw  control  for  cyclic  phase  angles  of  30  degrees  and 
75  degrees.  The  30  degree  phase  angle  is  oriented  for  maximum 
inplane  force  along  the  x-axis  and  75  degrees  is  the  angle  for 
maximum  hub  moment  about  the  y-axis  for  the  model  tested 
(Reference  1.5).  Note  that  there  is  approximately  35  percent 
increase  in  yawing  moment  when  the  30  degree  phase  angle  is  used. 
Figure  5.8  illustrates  the  effect  of  cyclic  control  phasing  on 
pitch  control  moment.  The  reduced  level  of  pitch  control  moment 
resulting  when  phase  angle  is  optimized  for  yaw  control  does  not 
constitute  a  problem  because  of  the  much  higher  control  moment 
capability  from  hub  moment  and  inplane  force.  Also,  while  the 
pitch  angular  acceleration  required  is  20  percent  higher,  the 
pitch  inertia  of  the  aircraft  is  only  one-third  of  the  yaw 
inertia. 

The  required  level  of  yaw  control  power  as  a  function  of  damping 
as  interpreted  from  the  military  specification  of  Reference  5.1 
is  compared  in  Figure  5.9  with  the  control  sensitivity  and 
control  power  results  of  a  Vertol  study,  and  the  predicated 
capability  of  the  Model  213  aircraft  is  indicated.  Some  of  the 
data  examined  during  the  Boeing  study  are  illustrated  in 
Figure  5.10.  If  the  minimum  attitude  response  requirement  of 
Reference  5.1  is  satisfied  with  a  reasonable  range  of  pedal 
motion  (±2.50  inches,  minimum),  the  total  installed  angular 
acceleration  capability  required  will  be  0.65  rad/sec2. 

Boeing  experience  with  tandem  rotor  helicopters  and  tilt  wing 
aircraft  indicates  that  an  angular  acceleration  capability  in 
excess  of  0.5  rad-'sec^  is  not  required.  With  this  level  of 
control  power  and  a  pedal  control  range  of  ±3.0  inches,  the 
attitude  response  in  1.0  secondfper  inch  of  control  input, will 
be  approximately  4.0  degrees.  The  control  characteristics 
represented  by  the  shaded  area  of  Figure  5.9  are  recommended 
as  a  reasonable  and  useful  yaw  control  objective. 

5.2.3  Pitch  Control 

Pitch  control  is  achieved  by  using  longitudinal  cyclic  pitch. 

As  discussed  in  Section  5.2.2,  the  cyclic  control  inputs  are 
phased  to  result  in  maximum  inplane  force  to  optimize  cyclic 
for  yaw  control.  Data  obtained  from  Reference  1.5  wind  tunnel 
test  are  presented  in  Figures  5.11  and  5.12  to  illustrate, 
as  anticipated,  that  angle  of  attack  has  no  effect  on  rotor 
pitching  moment  and  inplane  force  in  hover  and  essentially  zero 
effect  in  near-hover  conditions.  Figures  5.13  and  5.14  present 
total  aircraft  lift  and  pitching  moment  coefficients  based  on 
slipstream  dynamic  pressure  in  the  near-hover  condition. 
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AIRCRAFT  SLIPSTREAM  PITCHING  MOMENT  COEFFICNET 


The  Level  1  control  sensitivity  requirements  interpreted  from 
Reference  5.1  are  shown  in  Figure  5.15  along  with  the  sensitiv¬ 
ity  and  control  power  criterion  from  a  Vertol  study.  Data 
examined  during  the  Vertol  study  are  illustrated  in  Figure  5.16. 
The  agreement  between  the  military  specification  and  the  Boeing 
study  indicates  that  a  control  sensitivity  of  0.15  rad/sec2/ 
inch  is  a  reasonable  objective.  Assuming  a  nominal  range  of 
control  motion  available  for  maneuver  of  **•4.0  inches  yields 
a  total  control  power  requirement  of  -0.6  rad/sec2.  Predictions 
of  Hie  capability  of  the  pitch  control  for  the  Model  213 
indicate  that  the  above  requirements  can  be  met  easily. 

5.2.4  Roll  Control 

Roll  control  is  obtained  from  differential  collective  pitch 
changes  between  the  two  laterally  displaced  rotors .  The 
resulting  attitude  response  also  produces  a  laterally  directed 
thrust  force  for  sideward  velocity  control.  Satisfactory  pilot 
ratings  of  lateral  controllability  are  dependent  upon  generating 
a  linear  thrust  response  from  the  rotors  of  sufficient  magnitude 
to  achieve  the  attitude  response  requirements  of  the  Reference 
5.1  military  specification.  This  is  the  identical  means  used 
to  provide  pitch  control  on  all  tandem  rotor  helicopters. 

The  Level  1  requirements  of  Reference  5.1  are  that  the  ratio  of 
maximum  attitude  response  within  one  second  to  abrupt  control 
displacement  shall  range  between  4.0  and  20.0  degrees  per  inch. 
The  system  damping  required  at  each  level  of  control  sensitivity 
to  satisfy  the  attitude  requirement  is  shown  in  Figure  5.17. 

The  aerodynamic,  or  unaugmented, damping  of  the  Model  213  was 
determined  by  the  stability  program  of  Reference  5.2  and  is 
noted  in  Figure  5.17  to  be  -0.34/sec.  Damping  can  be  augmented 
by  a  conventional  SAS  to  achieve  a  roll  damping  of  -2.0  to  -3.0/ 
second  resulting  in  the  illustrated  Model  213  potential  capa¬ 
bility.  The  flying  qualities  criteria  will  be  satisfied  with  a 
control  sensitivity  of  0.25  to  0.30  rad/sec2/in.  With  a  nominal 
control  motion  range  of  ^4.0  inches  and  a  hover  roll  inertia 
of  688,000  slug-ft^  at  the  design  gross  weight  of  67,000  pounds 
for  the  Model  213  aircraft,  a  differential  thrust  of  *11,250 
pounds  is  required  to  achieve  an  angular  acceleration  of  1.0 
rad/sec2.  Prop/rotor  thrust  effectiveness  data  of  Reference 
1.5  is  shown  in  Figure  5.18  and  indicates  that  the  required 
thrust  can  be  achieved  with  a  collective  pitch  change  of  *3.5 
degrees . 

The  minimum  spec-recommended  attitude  response  is  noted  to  be 
consistent  with  the  Vertol  control  power  criteria.  Data 
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GURE  5.15.  PITCH  CONTROLLABILITY  IN  HOVER 
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FIGURE  5. 18 COLLECTIVE  PITCH  EFFECTIVENESS 


examined  in  conjunction  with  establishment  of  the  Vertol 
criteria  are  illustrated  in  Figure  5.19.  Therefore,  the 
shaded  area  of  Figure  5.17  is  considered  to  be  a  reasonable 
roll  control  objective. 

5.2.5  Control  Coupling 

Application  of  differential  longitudinal  cyclic  for  low  speed 
yaw  moment  control  also  results  in  a  coupled  response  about  the 
roll  axis.  Cyclic  flapping  of  the  prop/rotor  blades  results  in 
the  inplane  force  used  for  yaw  control  and  a  corresponding  hub 
moment.  Because  of  the  relative  stiffness  of  the  blade  attach¬ 
ment  to  the  hub,  the  azimuthal  position  of  maximum  moment  lags 
the  position  of  maximum  force.  Since  the  inplane  forces 
between  the  rotors  are  designed  to  be  180°  out-of-phase  for 
yaw  controllability,  the  hub  moments  are  out-of-phase  by  only 
45°.  Thus,  differential  cyclic  pitch  will  produce  pitching 
moments  from  the  two  rotors  which  cancel  and  rolling  moments 
from  the  two  rotors  which  add.  The  phasing  is  such  that  nose 
right  yaw  control  results  in  a  small  right  wing  down  rolling 
moment . 

Cyclic  pitch  effectiveness  was  investigated  in  the  wind 
tunnel  test  report  of  Reference  1.5.  The  resulting  data  is 
summarized  in  Figure  5.20  for  a  3.0  degree  longitudinal  cyclic 
setting.  Control  phasing  for  the  tests  was  65°,  i.e.,  the 
swashplate  was  set  so  that  the  zero  longitudinal  cyclic  input 
position  was  at  the  65°  azimuth  location.  The  inplane  forces 
arising  from  the  3.0°  cyclic  setting  are  approximately  4 %  of 
the  thrust  forces.  This  corresponds  to  0.8  degrees  of  tip- 
path-plane  tilt  per  degree  of  cyclic  and  is  predictable  from 
the  stiffness  characteristics  of  the  model  blades.  Although 
the  model  blades  were  not  dynamically  scaled  to  the  blades  of 
the  full  scale  vehicle,  the  results  do  substantiate  the  method 
of  estimating  the  maneuverability  cyclic  ranges  of  Sections 
5.2.2  and  5.2.3. 


5,2.6  Skittishness  in  Ground  Effect 

Random  aircraft  response,  or  skittishness,  to  external  disturb¬ 
ances  when  close  to  the  ground  has  been  experienced  with  various 
configurations  of  V/STOL  aircraft.  Since  it  is  not  possible  at 
this  time  to  analytically  predict  the  aircraft's  sensitivity  to 
skittishness,  a  powered  wind  tunnel  dynamic  model  was  used  to 
investigate  the  problem.  Two  tests  were  conducted  with  the 
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FIGURE  5.19.  ROLL  CONTROL  POWER 
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1/10  scale  dynamic  model  in  Test  Program  IV.  The  results  of 
these  test  programs  are  reported  in  Reference  1.7  and  5.3  and 
the  salient  points  are  discussed  below. 

The  model  was  "softly"  supported  to  simulate  free-f light  opera¬ 
ting  conditions.  Data  were  obtained  in  and  out-of-ground  effect 
and  with  and  without  simulated  attitude  stabilization.  In¬ 
ground-effect  roll  attitude  motions  of  the  model  are  shown  in 
Figure  5.21  in  response  to  discrete  gust-like  pulse  disturbances. 
The  h/D  ratio  for  this  data  was  .41  and  attitude  stabilization 
was  not  included.  The  resulting  motion  is  shown  to  be  stable 
and  the  .331  cps  oscillations  are  at  least  neutrally  damped. 
Long-term  self-induced  motions  which  indicate  the  skittishness 
of  the  vehicle  are  also  shown  in  Figure  5.21.  The  skittish 
motions  are  stable  and  are  at  least  neutrally  damped  with  an 
average  frequency  of  0.35  cps.  Maximum  unperturbed  roll  dis¬ 
placements  are  on  the  order  of  ±2°  . 

Out-of-ground  effect  gust  response  is  shown  in  Figure  5.22 
along  with  the  comparable  in-ground  effect  time  history.  The 
OGE  response  is  highly  damped  and  there  is  no  tendency  for  the 
model  to  be  excited  by  any  disturbance  other  than  the  initial, 
intentionally  imposed  upset. 

The  effect  of  a  simple  roll  attitude  feedback  control  system  was 
evaluated  by  adding  mounting  springs  in  the  pitch  and  roll  axes. 
These  springs  added  a  stiffness  of  15.0  in- lb/deg  in  pitch  and 
5.0  in- lb/deg  in  roll,  or  in  terms  of  control  sensitivity  in 
the  hover  mode,  1.01  rad/sec2  and  0.061  rad/sec2,  respectively, 
per  degree  of  fuselage  attitude.  Figure  5.23  shows  that  the 
IGE  response  of  the  aircraft  to  a  discrete  gust  is  a  0.45  cps 
oscillation  with  a  damping  coefficient  of  0.165.  Since  there  is 
no  tendency  for  the  model  to  respond  to  any  unintentional 
disturbances,  it  is  expected  that  IGE  skittishness  can  be  elim¬ 
inated  by  a  simple  feedback  system. 

5.3  TRANSITION  REGIME 

The  transition  mode  refers  to  operation  out-of-ground  effect 
from  hover  to  the  tilt  rotor  cruise  regime.  In  this  mode  the 
nacelles  rotate  from  90  degrees  incidence  to  zero  degree 
incidence.  During  operation  in  this  regime,  the  rotors  have  a 
significant  influence  on  the  aircraft  stability  and  control 
since  they  provide  the  majority  of  the  lift  as  well  as  all  of 
the  propulsive  force. 
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5.3.1  Rotor  Derivatives 


Data  obtained  from  the  wind  tunnel  tests  of  Reference  1.5  have 
been  correlated  with  predictions  and  the  results  are  illustrated 
here.  Test  results  have  also  been  presented  in  Reference  1.6. 

Figure  5.24  illustrates  typical  correlation  between  prediction  and 
test  data  for  the  rotor  normal  force  coefficient  versus  fuselage 
angle  of  attack  for  a  representative  transition  condition.  The 
rate  of  change  of  normal  force  with  angle  of  attack  from  test  is 
in  good  agreement  with  predictions  but  the  magnitude  is  slightly 
in  error  indicating  a  difference  in  trim.  Similarly  Figure  5.25 
indicates  good  agreement  between  test  and  prediction  for  the  rate 
of  change  of  rotor  pitching  moment  coefficient  but  a  difference 
in  absolute  magnitude  which  would  result  in  a  small  trim  error. 
Figures  5.26  and  5.27  illustrate  the  variation  of  tested  rotor 
side  force  and  yawing  moment  coefficients  with  fuselage  yaw  angle. 
Again,  it  must  be  remembered  that  the  model  used  in  the  test 
program  had  dynamic  characteristics  substantially  different  from 
a  full  scale  rotor.  The  data  must  therefore  be  taken  as  a 
substantiation  of  analytical  predictions  rather  than  a  directly 
scaleable  indication  of  full  scale  values. 

5.3.2  Aircraft  Stability 

Total  aircraft  stability  characteristics  in  transition  are 
strongly  affected  by  the  rotor  contribution.  Figure  5.28  illus¬ 
trates  aircraft  longitudinal  stability  at  a  mid-transition 
condition.  These  data  were  obtained  from  the  wind  tunnel  test  of 
Reference  1.5  and  because  of  the  rotor  not  being  dynamically  similar 
to  the  full  scale  Model  213  serve  only  to  show  the  correlation  of 
predictions  with  test  data.  Note  that  there  is  good  agreement 
between  the  predicted  stability  for  the  complete  aircraft  with 
rotors  on  and  the  test  data  up  to  the  stall  angle  of  attack  as 
indicated  by  the  similarity  of  the  slopes.  The  absolute  level 
of  pitching  moment  is  overestimated,  however,  which  would  result 
in  a  difference  between  test  and  predicted  trim.  Figure  5.29 
indicates  the  contribution  of  the  prop/rotor  and  the  vertical  tail 
to  yawing  moment  versus  fuselage  yaw  angle,  i.e.,  directional 
stability . 
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It  is  anticipated  that  the  full  scale  aircraft  with  its  flexible 
rotors  will  be  mildly  unstable  or  neutrally  stable  statically 
at  the  low  transition  speeds  at  which  the  tail  surfaces  are 
relatively  ineffective  and  stable  at  the  higher  transition  speeds. 
Stability  augmentation  will  be  provided  as  required  to  meet  or 
exceed  the  mi-iitary  specification  requirements  for  frequency 
and  damping  of  the  longitudinal  and  lateral-directional  modes. 

5.3.3  Control  Phasing 

During  transition  it  is  important  that  the  collective  and  cyclic 
controls  be  mixed  properly  to  prevent  "coupled"  motions  or 
accelerations  of  the  aircraft  in  response  to  control  commands 
particularly  about  the  roll  and  yaw  axes.  For  example,  differ¬ 
ential  thrust  is  used  for  roll  control  during  transition  and 
when  the  nacelle  is  at  less  than  90°  incidence,  this  also 
results 'in  a  yawing  moment  being  applied  to  the  aircraft. 
Differential  cyclic  is  applied  to  counter  the  yawing  moment  by 
utilizing  the  differential  inplane  forces  generated  by  the  cyclic 
control.  The  differential  inplane  forces  generated  are  in  the 
direction  to  increase  the  rolling  moment,  thereby  augmenting  the 
roll  control  moment  while  cancelling  the  yawing  moment.  The  yaw 
condition  is  handled  in  a  similar  manner. 

It  is  anticipated  that  the  normal  aerodynamic  controls,  ailerons, 
elevators,  or  unit  horizontal  tail,  and  rudder  will  be  operated 
throughout  transition  through  their  full  ranges  to  reduce  complex¬ 
ity  of  the  control  system  and  to  take  advantage  of  the.  resulting 
control  effectiveness. 


5.3. 3.1  Roll  Control 

The  roll  control  available  in  transition  from  differential 
collective  pitch  and  aileron  were  analytically  investigated 
during  Boeing  in-house  studies  for  the  Boeing  Model  222  ti.lt  rotor 
configuration.  The  results  are  presented  in  Figure  5.30  and  are 
considered  to  be  generally  representative  of  the  tilt/stowed  rotor 
configuration.  The  minimum  angular  acceleration  capability  meets 
the  requirement  of  1.0  rad/sec^  in  hover,  exceeds  the  requirements 
of  Reference  5.1  in  transition  and  provides  a  reasonable  rate  of 
decrease  in  the  available  response  through  transition.  The  angular 
acceleration  control  predicted  for  the  aileron  assumes  that  the 
outboard  half  of  the  flap  is  used  for  roll  control.  The  maximum 
deflection  of  the  aileron  is  assumed  to  be  -20  degrees  from  the 
initial  flap  deflection. 


ROLL  ANGULAR  ACCELERATION  -  RAD/SEC 


FIGURE  5.30:  ROLL  CONTROL  POWER  THROUGH  TRANSITION 


The  differential  collective  pitch  control  required  to  provide  the 
recommended  roll  response  is  shown  in  Figure  5.31  along  with  the 
differential  cyclic  scheduling  required  to  achieve  an  uncoupled 
roll-yaw  response  during  accelerating  transitions.  During  unac¬ 
celerated  transitions  there  will  be  some  yaw  coupling.  The 
magnitude  of  the  yaw  response  would  be  approximately  0.03  to  0.04 
rad/sec^  angular  acceleration  for  a  full  roll  control  input. 

The  angular  acceleration  capability  resulting  from  the  recommended 
control  scheduling  is  compared  with  the  recommended  levels  in 
Figure  5.30. 


5. 3. 3. 2  Yaw  Control 

The  requirements  of  References  5.1  and  5.6,  the  recommended 
requirements  of  Reference  5.7,  and  the  results  of  the  Boeing 
control  criteria  study  were  reviewed  in  order  to  define  an 
acceptable  control  capability  through  transition.  The  resulting 
criterion  established  is  shown  in  Figure  5.32.  The  criterion 
satisfies  the  requirements  of  References  5.6  and  5.7  and  meets 
the  requirements  of  Reference  5.1  above  35  knots.  At  nacelle 
tilt  angles  other  than  90°,  the  inplane  forces  associated  with 
the  yaw  input  will  also  produce  a  roll  moment.  The  forces  will 
be  in  a  direction  to  produce  a  left  roll  response  to  a  nose  right 
yaw  control  input  and  will  predominate  over  the  right  roll  moment 
arising  from  the  hub  moment.  Differential  collective  can  be 
scheduled  along  with  yaw  inputs  to  cancel  the  roll  moment. 

Careful  attention  to  control  phasing  between  differential  cyclic 
and  differential  collective  will  ensure  uncoupled  roll  and  yaw 
control . 

The  differential  cyclic  pitch  schedule  is  shown  in  Figure  5.33 
along  with  the  differential  collective  pitch  schedule  required 
for  an  uncoupled  roll-yaw  response  during  accelerating  transitions. 
It  is  also  assumed  that  the  rudder  is  functioning  at  all  times 
and  the  cyclic  control  is  phased  to  maximize  the  yawing  moment 
obtained  from  the  inplane  rotor  forces.  The  resulting  accelera¬ 
tion  capability  is  compared  in  Figure  5.32  with  the  recommended 
criteria.  It  is  apparent  that  the  criterion  is  satisfied  during 
a  maximum  accelerating  transition  and  is  exceeded  during  an 
unaccelerated  transition. 

5. 3. 3. 3  Pitch  Control 

Utilization  of  the  pitch  controls  will  not  result  in  coupling 
with  the  roll  and  yaw  axes  during  transition.  Therefore, 

"coupling"  provisions  are  not  required.  Cyclic  control  will 
provide  the  major  portion  of  the  pitch  control  moment  at  the 
lower  transition  speeds.  As  speed  is  increased  and  the  elevator 
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or  unit  horizontal  tail  becomes  effective,  the  cyclic  control 
will  be  phased  out.  Pitch  control  requirements  are  easily 
met  as  discussed  in  Section  5.2.3  for  hover.  The  rotor  controls 
are  very  powerful  in  hover  and  at  low  forward  speeds  and  produce 
the  required  0.6  rad/sec^  acceleration.  At  the  higher  speeds  the 
unit  horizontal  tail/elevator  becomes  effective  and  will  provide 
pitch  maneuver  control  to  attain  or  limit  load  factor. 

The  cyclic  pitch  control  is  phased  out  as  the  tail  becomes 
effective  (Figure  5.34). 

5.3.4  Interactions 


The  interactions  of  the  rotor  on  the  airframe  are  shown  in 
Figure  5.35  for  a  typical  point  in  mid- transition.  This  effect 
represents  an  elimination  of  flow  separation  on  the  wing  tip 
nacelles  which  were  oversized  for  this  model  in  order  to 
accommodate  the  electric  drive  motors . 
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5.4  CRUISE  STABILITY  -  TILT  ROTOR  MODE 

The  cruise  regime  in  the  tilt  rotor  mode  consists  of  the 
range  of  operation  prior  to  start  of  the  conversion  process 
during  which  the  nacelle  incidence  is  zero  and  thrust  for 
forward  flight  is  derived  from  the  rotors.  In  this  flight 
regime  the  rotors  have  a  major  impact  on  the  aircraft  stability. 

5.4.1  Rotor  Derivatives  -  Stiff  Inplane  Rotor 

Testing  was  performed.  Reference  1.5,  to  obtain  data  in  the 
cruise  tilt  rotor  mode  for  correlation  with  predictions  to 
verify  the  prediction  techniques.  The  model  rotors  were 
not  dynamically  scaled  and  had  a  Lock  Number  of  17.28  and 
flapwise  frequency  of  1.66  in  the  cruise  condition.  Both 
of  these  parameters  are  significantly  higher  than  the  corres¬ 
ponding  properties  of  the  full  scale  rotor.  In  addition, 
the  model  rotors  were  much  stiffer  in-plane,  “L/ft  >2.0#  than 

the  full  scale  rotors.  Therefore,  the  destabilizing  influence 
of  the  rotors  on  the  model  are  much  greater  than  for  the 
full  scale  rotors. 

A  summary  of  the  rotor  stability  derivatives  for  the  model 
is  presented  in  Table  5.1  for  the  longitudinal  and  directional 
modes,  it  indicates  the  magnitude  of  the  derivatives  obtained 
directly  from  test.  Also  the  longitudinal  mode  derivatives 
are  shown  with  the  wing  lift  equal  to  zero  which  is  equivalent 
to  an  isolated  rotor.  As  can  be  seen,  the  wing  lift  signifi¬ 
cantly  affects  the  rotor  pitching  moment  and  sideforce  deriva¬ 
tives.  There  is  also  a  somewhat  smaller  effect  on  the  normal 
force  and  yawing  moment  derivatives. 

As  substantiation  for  the  derivatives  in  pitch  with  the  wing 
lift  removed,  the  comparable  derivatives  in  yaw  are  shown 
directly  below  the  pitch  derivatives.  The  variation  of 
lift  with  yaw  angle  is  negligible  and  therefore,  will  not 
affect  the  derivative.  The  agreement  in  magnitude  is  very 
good  and  indicates  that  the  wing  lift  effects  are  correct. 

The  reversal  in  signs  on  the  directional  pitching  moment 
and  sideforce  derivatives  is  a  result  of  sign  convention. 

Figure  5.36  indicates  the  influence  of  wing  lift  on  the 
rotor  pitching  moment  coefficient.  The  prediction  of  pitching 
moment  coefficient  for  the  isolated  rotor  is  shown  and  the 
derivative  (slope)  is  in  good  agreement  with  the  test  data. 
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TABLE  5.1 


CRUISE  ROTOR  STABILITY  DERIVATIVES 
LEFT  ROTOR 
LONGITUDINAL  MODE 


WING 

LIFT 

3  Cpjj/  3  a 

3  Cfj/  3  a 

3Cym/3o 

3Csf/3o 

VARIABLE 

ZERO 

0.00009 

0.00006 

0.000168 

0.000143 

-0.000118 

-0.000106 

0.000058 

0.000030 

DIRECTIONAL  MODE 


WING 

LIFT 

3<V3* 

3COB,/3* 

SF 

3<V3* 

SV3* 

CONSTANT 

0.00006 

0.000137 

0.000107 

-0.000031 

Figure  5.37  shows  the  influence  of  wing  lift  on  the  rotor 
normal  force  coefficient.  There  is  a  substantially  smaller 
effect  on  normal  force  than  there  is  on  pitching  moment. 

The  predicted  normal  force  coefficient  for  the  isolated 
rotor  shows  good  agreement  with  test. 

5.4.2  Rotor  Derivatives  -  Soft  In-Plane  Rotor 

The  effects  of  in-plane  and  out-of-plane  rotor  stiffnesses 
on  the  rotor  contributions  to  aircraft  stability  were  discussed 
in  Section  5.1.2  of  this  report.  Wind  tunnel  test  data  were 
obtained  in  the  tests  on  the  1/9  scale  Model  213  and  the 
results  of  these  tests  are  reported  in  Reference  1.6.  Although 
the  tests  in  Reference  1.6  were  in  the  windmill  configuration 
the  stability  derivatives  are  directly  applicable  because 
the  difference  in  collective  pitch,  the  primary  variable, 
is  no- more  than  2-3  degrees. 

Figures  5.38  and  5.39  illustrate  the  effect  of  variation  of 
in-plane  frequencies,  w  LAG  on  the  rotor  normal  force  and 

n 

pitching  moment  coefficients  at  constant  angle  of  attack. 

The  in-plane  frequency  of  the  model  rotors  is  1.0  at  600  rpm 
and  is  lower  at  the  higher  rpm.  The  full-scale  rotor  in-plane 
frequency  will  be  approximately  0.75. 

Figure  5.39  presents  the  rotor  pitching  moment  coefficient 
variation  with  rpm.  There  is  a  peak  in  the  coefficient  at 
200  rpm;  it  rapidly  decreases  to  a  minimum  at  approximately 
600  rpm  then  increases  sharply  to  approximately  850  rpm 
and  then  it  levels  off.  Nondimensionalizing  by  rotor  tip 
speed  causes  the  apparent  peak  in  the  coefficient  at  200  rpm 
when  there  is  an  actual  peak  between  300  and  400  rpm  in  the 
pitching  moment.  This  peak  occurs  in  the  same  rpm  region 
as  the  wing  vertical  bending  natural  frequency.  The  minimum 
shown  at  approximately  600  rpm  appears  to  be  the  result  of 
passing  through  the  1/rev  first  mode  crossover  which  is 
the  lag  mode  for  this  rotor.  This  produces  a  change  in 
rotor  flapping  resulting  from  lag/flap  coupling. 

Normal  force  coefficient  variation  with  rpm,  presented  in 
Figure  5.38,  shows  a  rapid  decrease  with  increasing  rpm  up 
to  approximately  600.  The  slope  becomes  almost  zero  and 
then  drops  off  rapidly  as  the  rpm  is  increased  to  950.  The 
plateau  illustrates  the  effect  of  passing  through  the  1/rev 
lag  frequency  crossover. 
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INFLUENCE  OF  WING  LIFT  ON  ROTOR  NORMAL 
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FIGURE  5. 38.  ROTOR  NORMAL  FORCE/RPM  VARIATION 
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FIGURE  5.39  ROTOR  PITCHING  MOMENT /RPM  VARIATION 
riJSELAGE  ATTITUDE  =4°  ^  =0° 
(STEADY  WINDMILLING) 


Figures  5.40  and  5.41  show  the  variation  in  rotor  pitching 
moment  coefficient  as  a  function  of  nacelle  angle-of -attack 
at  constant  rpm.  Note  that  at  600  rpm  the  pitching  moment 
coefficient  is  highly  stable  while  at  950  rpm  the  coefficient 
is  unstable.  It  is  significant  to  note  that  the  coefficient 
is  stable  at  600  rpm  when  previous  discussions  of  the  stiff- 
in-plane  rotor  characteristics  have  indicated  a  highly 
destabilizing  rotor  pitching  moment  contribution. 

Figure  5.42  illustrates  the  variation  of  the  rotor  pitching 
moment  derivative  with  rpm.  Again,  it  shows  that  the  deriv¬ 
ative  is  most  stabilizing  at  a  lag  frequency  of  approximately 
1.0  corresponding  to  600  rpm.  The  rotor  normal  force  deriva¬ 
tive  variation  with  rpm  is  presented  in  Figure  5.43.  The 
variation  with  rpm  illustrates  a  sharp  drop  to  approximately 
500  rpm,  a  plateau  to  700  rpm  and  further  decrease  at  the 
higher  rpm' s. 

Figure  5.44  shows  that  the  rotor  yawing  moment  derivative 
with  angle-of-attack  reaches  a  maximum  negative  value  at 
approximately  700  rpm  with  a  relatively  rapid  change  at 
lower  or  higher  rpm. 

The  rotor  side  force  variation  reaches  a  maximum  negative 
value  at  approximately  600  rpm  and  is  near  zero  at  800-900  rpm 
(Figure  5.45)  . 

Figures  5.46  and  5.47  show  the  effect  of  wing  lift  on  rotor 
pitching  moment  coefficients  at  600  and  950  rpm  respectively. 
These  figures  indicate  that  increasing  lift  produces  a  slight 
negative  increment  in  pitching  moment  coefficient  at  600  rpm 
(stable  variation)  but  produces  a  positive  increment  in 
pitching  moment  coefficient  at  950  rpm  (unstable  variation) . 

Comparisons  of  the  rotor  pitching  moment  derivatives,  rotor 
normal  force  derivatives,  yawing  moment  derivatives  and 
side  force  derivatives  are  presented  in  Figures  5.48,  5.49, 
5.50  and  5.51,  respectively.  There  is  one  unique  trend  for 
all  of  the  derivatives  for  all  rpm  and  forward  speeds  tested. 
This  trend  indicates  a  ratio  of  test  derivative  to  derivative 
with  circulation  effects  removed  of  0.93. 

A  summary  of  the  rotor  derivatives  without  circulation  effects 
is  presented  in  Figures  5.52  through  5.55  for  pitching 
moment,  normal  force,  yawing  moment,  and  side  force  as 
influenced  by  rotor  rpm.  Imposed  on  these  summary  curves 
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FIGURE  5.42  ROTOR  PITCHING  MOMENT  DERIVATIVE  VARIATION 
WITH  ROTOR  RPM,  5F  =  0° 
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FIGURE  5.44.  ROTOR  YAWING  MOMENT  DERIVATIVE  VARIATION 

WITH  ROTOR  RPM,  «F  =  0.° 
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FIGURE  5.48.  COMPARISON  OF  ROTOR  PITCHING  MOMENT  DERIVATIVE 
WITH  AND  WITHOUT  WING  CIRCULATION  EFFECTS 
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FIGURE  5.49.  COMPARISON  OF  ROTOR  NORMAL  FORCE  DERIVATIVE 
WITH  AND  WITHOUT  WING  CIRCULATION  EFFECTS 
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FIGURE  5.52.  ROTOR  PITCHING  MOMENT  DERIVATIVE  VARIATION 
WITH  ROTOR  RPM (WING  CIRCULATION  EFFECTS 
REMOVED) 
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FIGURE  5.54. 
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ROTOR  YAWING  MOMENT  DERIVATIVE  VARIATION 
WITH  ROTOR  RPM  (WING  CIRCULATION  EFFECTS 
REMOVED) 
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is  a  prediction  (based  on  Reference  3.3)  of  the  derivatives 
by  an  analysis  that  accounts  for  the  various  mode  shapes. 

The  agreement  is  good  and  adequately  accounts  for  the  effects 
of  the  1/rev  first  mode  (lag)  frequency  crossover. 

5.4.3  Rotor/Airframe  Interference  Effects 

Another  potential  source  of  disturbance  to  the  rotor  flow 
field  is  the  effect  of  one  rotor  on  the  other  when  in  the 
cruise  mode.  The  effect  of  this  rotor/rotor  interference  on 
rotor  pitching  moment  coefficient  is  illustrated  on  Figure 
5.56  and  on  rotor  normal  force  coefficient  on  Figure  5.57. 
These  figures  indicate  no  change  in  the  derivatives  and 
negligible  change  in  the  magnitudes  of  the  coefficients. 

The  evaluation  of  the  aircraft  stability  characteristics  is 
significantly  affected  by  the  rotor  forces  and  moments.  Any 
influence  of  the  rotor  slipstream  on  the  airframe  is  not 
immediately  obvious.  To  examine  the  rotor  effect on  the 
horizontal  and  vertical  tail,  the  contribution  to  aircraft 
stability  is  presented  in  Figures  i«.58  and  5.59  for  the 
rotors  on  and  rotors  off  configuration.  This  indicates 
there  is  negligible  effect  of  the  rotor  slipstream  on  the 
tail. 


5.4.4  Total  Aircraft  Stability 

Predictions  of  the  airframe,  the  prop/rotor  and  tail  con¬ 
tributions  to  total  aircraft  pitching  moment  characteristics 
were  made  and  are  compared  to  the  test  data  in  Figure  5.60. 
The  airframe  components  were  predicted  by  the  methods  defined 
in  DATCOM,  Reference  4.6.  Airframe-minus-tail  pitching 
moment  prediction  of  3cpM/9a  =  0.011  is  lower  than  that 

obtained  from  test,  aCp^/So  =  0.018.  The  contribution  of 
the  horizontal  tail  to  total  aircraft  stability  (3Cfm/3“) 
is -0.052  per  degree  as  predicted  by  the  methods  defined 
by  DATCOM.  Adding  this  increment  to  the  airframe-minus-tail 
test  data  results  in  excellent  agreement  with  the  airframe 
test  data.  This  indicates  that  the  tail  characteristics 
as  well  as  the  wing  downwash  are  correctly  accounted  for. 

The  rotor  contribution  was  defined  by  the  isolated  rotor 
characteristics  as  discussed  in  Reference  4.7  increased  by 
the  empirical  lift  effects  induced  by  the  wing,  as  shown  in 
Reference  1.5.  This  results  in  a  rotor  contribution  of  0.043 
per  degree  and  when  adding  this  to  the  airframe  test  data 
indicates  good  agreement  with  the  total  model  aircraft  data. 
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FIGURE  5.60, 


The  model  nacelles  are  oversized  to  house  the  electric  motors. 
Rotor  characteristics  for  the  model  are  such  that  they  produce 
a  larger  destabilizing  moment  than  would  be  expected  from 
the  full-scale  rotor.  A  preliminary  estimate  of  the  increments 
in  pitch  stability  associated  with  these  two  items  is  -0.003 
per  degree  for  the  nacelles  and  -0.013  for  the  rotors.  This 
indicates  that  the  full-scale  aircraft  would  have  a  total 
aircraft  longitudinal  stability  derivative  -0.016  per  degree 
more  stable  than  the  test  data.  This  is  represented  by  the 
dotted  line  showing  that  the  full  scale  aircraft  is  stable. 

Figure  5.61  indicates  the  effects  of  addition  of  the  tail 
and  rotors  on  the  aircraft  side  force  coefficient.  There 
is  an  increase  in  slope  at  approximately  four  degrees  and 
negative  seven  degrees  in  the  curve  for  airframe  minus  tail. 

This  could  be  the  result  of  flow  reattachment  on  the  aft 
end  of  the  fuselage,  when  the  vertical  tail  is  added,  the 
change  in  slope  increases  in  the  high  yaw  angle  region  indi¬ 
cating  that  the  base  of  the  tail  is  less  separated  and  there¬ 
fore  produces  less  side  force.  The  rotors  provide  an  additional 
increase  in  slope  of  0.0135  resulting  from  the  variation  of 
side  force  with  yaw  angle. 

Yawing  moment  characteristics  are  illustrated  in  Figure  5.62. 
This  figure  shows  the  effect  on  yawing  moment  of  the  changes 
in  side  force  mentioned  above.  Addition  of  the  tail  makes 
the  aircraft  stable  and  also  makes  the  decreased  slopes 
between  4  and  minus  7  degrees  very  pronounced.  This  signifi¬ 
cant  change  in  the  stability  increment  of  the  tail  confirms 
the  flow  reattachment  and  increased  tail  effectiveness  sugges¬ 
ted  above.  When  the  model  rotors  are  added,  the  destabilizing 
contribution  more  than  offsets  the  vertical  tail  contribution. 

The  same  comments  are  applicable  here,  however,  as  for  the 
longitudinal  stability  effects  of  the  rotors.  The  contri¬ 
bution  of  the  rotors  to  yawing  moment  of  the  full  scale 
rotors  will  be  significantly  less  because  of  the  differences 
in  rotor  stiffness  and  frequencies  in-plane  and  out-of -plane. 
Again,  the  magnitude  of  the  difference  will  be  such  that  the 
aircraft  will  be  stable  directionally  with  the  rotors  on. 

Figure  5.63  indicates  the  contribution  of  the  vertical  tail 
and  rotors  to  aircraft  rolling  moment  in  yaw.  This  figure 
indicates  a  change  in  slope  at  about  9  degrees  negative  yaw 
angle  for  airframe  and  airframe  minus  tail  configurations  in 
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FIGURE  5.62.  CONTRIBUTION  OF  PROP/ROTOR  AND  VERTICAL 

TAIL  TO  AIRCRAFT  YAV7ING  MOMENT,  6p  =  0, 
V/VT  =  0.382 


the  direction  of  decreased  positive  dihedral  effect.  It  is 
believed  that  this  was  caused  by  reduction  of  lift  just  inboard 
of  the  nacelle  on  the  leading  wing.  The  nacelles  tested  on 
this  model  were  quite  large  and  slab-sided  and  the  nacelles 
which  will  be  used  on  the  tilt/stowed  rotor  aircraft  will  be 
long  and  very  slender  in  comparison.  Thus,  it  is  not  antici¬ 
pated  that  this  slope  change  will  be  encountered  on  the  air¬ 
plane  with  the  slimmer  nacelles. 

In  addition,  the  test  data  for  the  model,  with  rotors  on, 
indicates  a  reversal  of  slope,  negative  dihedral  effect.  The 
side  force  acting  in  the  plane  of  the  rotor  disc  is  in  the 
direction  to  increase  the  dihedral  effect  positively.  There¬ 
fore,  it  would  be  anticipated  that  with  the  rotors  on  the 
aircraft  should  exhibit  a  larger  positive  dihedral  effect. 
Again,  the  adverse  effect  of  the  large  nacelles  on  lift,  in 
sideslip,  is  believed  to  be  accentuated  with  the  rotors  on 
and  is  responsible  for  the  reversal  in  slope.  Additional 
data  is  necessary  to  adequately  define  the  effect  of  nacelle 
size  and  configuration  on  the  dihedral  effect  of  the  tilt 
rotor  aircraft. 

The  correlation  between  test  and  theory  for  the  total  air¬ 
craft  has  been  presented  for  the  1/10  scale  Tilt  Rotor  Model 
with  stiff  rotors  based  on  test  data  from  Reference  1.5.  The 
correlation  was  good  for  both  rotors  and  total  aircraft.  Also, 
the  rotor  derivative  correlation  was  good  between  test  and 
theory  for  the  soft  inplane  rotor  described  in  Section  5.4.2. 
Figure  5.64  illustrates  the  variation  of  tail  lift  coefficient 
versus  airframe  lift  coefficient.  Figure  5.65  shows  that 
Model  213  is  stable  in  pitch,  as  predicted  earlier  on  Figure 
5.60,  and  confirms  again  the  tremendous  impact  of  rotor  flexi¬ 
bility  and  frequency  placement  on  aircraft  stability. 

5.4.5  Control  Effectiveness  in  Cruise  -  Tilt  Rotor  Mode 

In  the  cruise  configuration  control  will  be  provided  primarily 
from  the  normal  aircraft  control  surfaces,  i.e.  pitch  control 
from  the  elevator  or  unit  horizontal  tail,  roll  control  from 
ailerons,  and  yaw  control  from  the  rudder.  For  cruise  mode 
operation  with  the  rotors  deployed,  longitudinal  cyclic, 
differential  longitudinal  cyclic  and  differential  cyclic 
control  could  be  used  to  supplement  the  normal  aerodynamic 
controls  until  start  of  the  feather  operation.  However,  it 
is  not  anticipated  that  this  will  be  required  at  speeds 
above  those  at  which  nacelle  incidence  is  reduced  to  zero. 
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5.4.6  Gust  Response 


The  requirements  for  the  design  of  a  rotor  feedback  system  are 
discussed  in  Reference  5.8.  Flight  in  the  tilt  rotor  mode 
at  speeds  near  maximum  conversion  speed  in  a  gusty  environment 
can (because  of  the  large,  relatively  lightly  loaded  rotors) 
result  in  large  aircraft  accelerations  which  will  cause  a 
rough  ride.  In  addition,  high  rotor  loads  and  aircraft  struc¬ 
tural  loads  can  result.  These  rotor  and  structural  loads 
can  be  reduced  substantially  by  the  incorporation  of  a  properly 
designed  feedback  system  which  would  utilize  rotor  cyclic 
pitch  and  collective  pitch  control  to  reduce  the  aircraft 
and  rotor  responses  to  gusts. 

Based  on  preliminary  analyses,  it  is  anticipated  that  cabin 
responses  due  to  horizontal,  lateral  and  vertical  discrete 
(1-cosine)  gusts  up  to  20  ft/sec  amplitude  will  be  less  than 
the  following  values  with  the  load  alleviation  system  incorp¬ 
orated. 

0.1  g's  vertically 

0.05  g's  laterally 

0.05  g's  horizontally 

5.5  CONVERSION 


Conversion  to  and  from  rotor  to  fan-driven  flight  must  be 
accomplished  with  minimum  pilot  effort  and  without  discomfort 
which  might  result  from  excessive  longitudinal  accelerations 
or  decelerations.  Any  "unusual"  control  switching  or  phasing 
must  be  accomplished  automatically  leaving  the  pilot  free  to 
operate  the  controls  in  a  conventional  manner  to  control  speed, 
altitude,  and  aircraft  attitude. 

5.5.1  Spin-up,  Feather,  Fold  and  Deployment 

The  rotor  contributions  to  aircraft  stability  characteristics 
during  prop/rotor  spinup  and  spindown  were  established  based 
on  the  data  available  from  Test  Program  III,  Reference  1.6. 

The  configuration  to  conversion  had  a  zero  degree  fuselage 
angle-of-attack  and  a  30-degree  flap  setting,  typical  of  a 
200  knot  conversion.  The  zero  degree  angle-of-attack  con¬ 
dition  was  selected  since  it  is  the  point  at  which  the  rotor 
contribution  to  lift  (and  pitching  moment)  is  essentially 
zero.  Therefore,  it  is  expected  that  the  change  in  aircraft 
lift  and  moment  will  be  essentially  zero  over  the  range  of 
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rpm's  during  spinup  and  spindown.  The  expected  variations  in 
lift  and  moment  are  substantiated  by  the  data  of  Figures  5.66 
and  5.67. 


Rotor  spinup  and  spindown  will  be  accomplished  with  the  air¬ 
craft  in  trim  at  l.Og  flight  and  control  forces  trimmed  to 
zero.  By  performing  the  maneuver  at  zero  degrees  angle-of- 
attack,  the  net  aerodynamic  effects  contributing  to  a  control 
trim  change  are  small  as  prop/rotor  rpm  is  changed.  There  is 
a  .020  change  in  aircraft  pitching  moment  coefficient  in  the 
nose  up  direction  as  the  rotor  operating  state  is  changed 
from  steady  windmilling  to  feather.  Figure  5.68.  As  the  rotors 
are  folded  at  rates  up  to  3  seconds  model  scale,  9  seconds 
full  scale,  there  is  a  -0.020  change  in  pitching  moment  coef¬ 
ficient,  and  an  increase  in  aircraft  stability  with  respect 
to  the  trim  point.  The  magnitude  of  the  stability  change  is 
a  15.4%  shift  in  aircraft  neutral  point.  The  force  feel 
system  will  be  modified  to  compensate  for  the  effect  of 
changes  in  stability  on  maneuver  control  forces  and  since 
the  trim  change  is  small,  there  will  be  only  a  small  effect  on 
the  conversion  trim  forces  felt  by  the  pilot.  The  requirement 
to  modify  the  force  feel  system  spring  rate  during  the  con¬ 
version  maneuver  does  not  represent  an  added  degree  of  com¬ 
plexity.  Boeing  experience  with  tandem  rotor  helicopters 
indicates  that  modifications  of  the  system  as  a  function  of 
airspeed  to  improve  handling  qualities  between  hover  and 
cruise  modes  should  be  normal  procedure  and  can  be  easily 
accomplished. 

5.5.2  Control  Scheduling 

The  process  of  bringing  the  rotor  up  to  speed  from  the  feathered 
condition  or  slowing  down  of  the  rotor  from  the  windmilling 
condition  is  achieved  by  an  exchange  of  energy  between  the 
airstream  and  rotor.  This  energy  exchange  results  in  a  trans¬ 
ient  axial  force,  the  magnitude  of  which  is  dependent  on  the 
schedule  of  collective  blade  pitch  with  time.  Linear  and 
parabolic  collective  pitch  scheduling  effect  on  the  axial 
transient  force  were  investigated  in  Test  Program  III  with  a 
target  of  holding  the  transient  within  O.lg. 

For  Model  213  operating  at  50,000  pounds  gross  weight,  O.lg 
translates  into  a  transient  rotor  force  of  2500  pounds  per 
rotor,  or  3.4  pounds  for  the  model  used  in  the  test  program. 
Considering  the  rotor  spinup  process,  it  was  noted  that  the 
feathered  rotor  drag  is  2.8  pounds  (model  scale)  less  than 
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the  steady  windmilling  drag  at  the  hover  rpm  of  1014  (338  rpm 
full  scale).  Thus,  to  meet  the.lg  target,  either  the  transient 
peak  must  be  kept  down  to  0.6  pound,  or  propulsive  force  must 
be  added  to  balance  the  change  in  steady  drag.  Since  the 
model  used  for  the  test  was  unpowered,  it  was  not  possible  to 
investigate  the  use  of  fan  thrust  modulation  to  balance  steady 
drag  changes  and  the  test  program  concentrated  on  minimizing 
the  transient  peaks. 

Figure  5.69  shows  that  a  linear  schedule  of  approximately  10 
seconds  (30  seconds  full  scale)  would  be  needed  to  meet  the 
.lg  target. 

For  spindown.  Figure  5.70  shows  that  the  .  lg  target  can  be 
met  with  a  10-second  linear  schedule  (30-second  full  scale). 

Tests  in  which  the  spinup  and  spindown  cycles  were  started 
from  70%  hover  rpm,  instead  of  100%  rpm  (Figures  5.71  and  5.72), 
showed  no  difficulty  in  meeting  the  O.lg  target  with  4-1/2 
second  linear  schedule  (13-1/2  second  full  scale)  at  113  feet 
per  second  (200  knots  full  scale).  On  the  full  scale  aircraft, 
simple  thrust  modulation  of  the  convertible  fan  engines  can 
be  used  to  balance  the  change  in  steady  trim  drag  between 
windmilling  and  feathered  conditions  thus  permitting  a  feather 
and  spinup  from  and  to  hover  rpm  in  approximately  10  seconds 
for  the  full  scale  aircraft.  It  is  therefore  concluded  that 
conversion  can  readily  be  completed  without  exceeding  O.lg 
longitudinal  acceleration  on  the  aircraft. 

5 . 6  CRUISE  REGIME  -  ROTORS  STOWED 


The  configuration  of  the  aircraft  in  cruise  with  the  rotors 
stowed  is  very  similar  to  that  of  several  high  wing  cargo- 
type  aircraft  now  operational  and  will  have  conventional  flying 
characteristics.  The  anticipated  flying  characteristics  in  this 
configuration  have  been  discussed  previously  in  the  Reference  1.3 
report. 
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FIGURE  5.70.  EFFECT  OF  COLLECTIVE  RATE  ON  ROTOR  DRAG 
DURING  FEATHER  AT  V=85  FPS  a=0°  6F=30° 
(LINEAR  COLLECTIVE  RATE) 
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FIGURE  i5. 71.  EFFECT  OF  FORWARD  SPEED  ON  ROTOR  DRAG 
DURING  SPINUP  FOR  4.5  SECOND  LINEAR 
COLLECTIVE  DATE,  FINAL  RPM  =715 
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FIGURE  5.72.  EFFECT  OF  FORWARD  SPEED  ON  ROTOR  DRAG 

DURING  FEATHER  FOR  4.5  LINEAR  COLLECTIVE 
RATE,  INITIAL  RPM  =^715 


5 . 7  CONCLUSIONS 


1.  Skittishness  in  hover  in-ground  effect  was  investigated 
and  found  by  a  dynamic  model  test.  It  was  readily 
stabilized  by  attitude  stabilization. 

2.  Spinup,  feather,  fold  and  deploy  cycles  cause  no 
stability  or  control  problems. 

3.  In  the  tilt  rotor  cruise  mode  the  soft  inplane  rotor  has 
substantially  less  destabilizing  effect  than  a  stiff 
inplane  rotor. 


5.8  RECOMMENDATIONS 

1.  Additional  testing  is  desired  with  a  rigidly  mounted 
dynamic  rotor  in  transition  to  provide  additional  data 
for  correlation  and  analysis  development  for  rotor 
derivatives  of  the  soft  inplane  rotor. 

2.  The  total  flight  control  system  needs  further  study 
particularly  in  the  following  areas : 

a.  Feedback  controls  for  gust  alleviation  and  blade 
load  reduction 

b.  Flight  simulation 

c.  System  mechanization 
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